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Abstract

An improved propulsive nozzle/cowl concept has been proposed which may have some
potential for increasing the overall performance of hypersonic flight vehicles. The
concept consists of placing a gas generator into the cowl to supply a relatively high
pressure boundary condition to the main exhaust plume. This computational study
investigated two nozzle/cowl geometries; an experimentally validated nozzle/cowl
configuration evaluated at off-design conditions and a generic hypersonic propulsive
nozzle evaluated at more realistic on-design conditions. The flowfields were analyzed
using a combination of Van Leer flux-vector splitting (FVS) and Roe flux-difference
splitting (FDS) finite volume computational algorithms implemented in a code
developed by Wright Laboratory (WL/FIMC). The two-dimensiona. .Javier-Stokes
equations were solved assuming laminar flow and a perfect gas equation of state. This
investigation highlighted the effect of the gas generator on the nozzle wall pressure
distribution and its effect on overall nozzle performance. The analysis emphasized the
effect of gas generator mass flow and deflection angle effects. In general, the gas
generator tended to show a larger improvement in nozzle performance at lower Mach
number and nozzle pressure ratio (NPR) off-design conditions where the flow is
significantly underexpanded. For the very high Mach, high NPR on-design
configuration analyzed, the overall system performance increased with the addition of
the gas generator but the nozzle wall pressure recovery actually tended to decrease
slightly. This unexpected decrease occurred because the gas generator exit pressure

was relatively low compared to the very high recompression pressure experienced

xiv




behind the blunt cowl at these high speed trajectory points. Simply placing a nominal
gas generator into the flowfield tended to have a much larger effect on nozzle wall
pressure than varying its mass flow even though nozzle performance did tend to
increase with increased mass flow. Deflecting the gas generator flow towards the
nozzle wall provided a dramatic improvement in pressure recovery and only a small
penalty was paid for deflecting it away from the wall. For the experimentally
validated off-design cases analyzed, the gas generator successfully acted as an
aecrodynamic cowl extension. Gas generator effects on nozzle wall pressure recovery
were very similar to cowl geometry extension and deflection effects previously
analyzed for this configuration. Nozzle operating condition had a significant impact
on the gas generator performance. As the nozzle exit pressure and trajectory Mach
number increased, the flow became increasingly dominated by the large initial
expansions. The increased initial expansion combined with higher internal nozzle flow
Mach numbers decreased the overall effects of the gas generator and tended to push
the propagation of the gas generator effects to the nozzle wall further downstream.
Grid refinement effects were limited to the region near the peak of the initial

recompression where the finer grids captured slightly higher peak pressures.




COMPUTATIONAL INVESTIGATION OF AN IMPROVED COWL CONCEPT
FOR HYPERSONIC PROPULSIVE NOZZLES

L. INTRODUCTION

1.1 Background

A fundamental desire to design aircraft that fly higher and faster has been
evident in flight vehicle design since the earliest days of manned flight. The ability to
develop and build manned hypersonic flight vehicles was proven with experimental
flight vehicles such as the X-15 which exceeded Mach 7 and 350,000 ft. in 1963 (3).
A series of manned hypersonic experimental aircraft developed in the 1960°s led to the
development of the first reusable manned hypersonic vehicle--the Space Shuttle, which
regularly achieves Mach 25 flight during its reentry glide. The next major step is to
design a reusable manned single stage to orbit (SSTO) flight vehicle such as the
proposed National AeroSpace Plane (NASP). Unlike the X-15 which was rocket
powered or the Space Shuttle which is unpowered, a reusable SSTO vehicle must have
an integrated propulsion system that is capable of accelerating the vehicle to orbital
speeds in excess of Mach 25. These hypersonic flight vehicle designs will be
dominated by the air-breathing supersonic combustion ramjet (SCRAMjet) engines
which will be integrated into a single airframe-engine propulsion system (3).

Figure 1-1 shows a typical hypersonic vehicle with its airframe-integrated
propulsion system. The vehicle forebody behaves as a compression ramp for the
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engine inlet flow. Further compression of the flow and combustion take place in the
modular chambers below the vehicle. The flow is then expanded along the vehicle
afterbody which acts like a nozzle wall.

At hypersonic speeds, the integrated propulsion system is designed to operate at
very high pressure ratios. The nozzle pressure ratio (NPR) is defined as the
SCRAM;jet total exit pressure divided by the ambient freestream static pressure,
NPR=P./P.. For hypersonic flight conditions, the combustor exit flow is typically
underexpanded and some of the excess pressure can be recovered along the nozzle
wall to increase net thrust and lift. At low Mach numbers, once the flow exits the
combustor, the flow typically overexpands resulting in a pressure just downstream of
the combustor that is less than the ambient pressure which results in increased drag
and decreased net thrust.

Any net performance improvements to hypersonic propulsive nozzles could
have a significant impact on hypersonic flight vehicle designs like the NASP or
NASP-derived vehicles. An improved cowl concept has been proposed which may
have some potential for increasing the overall performance of these vehicles. This
concept consists of placing a rocket or gas generator into the cowl to supply a
relatively high pressure boundary condition to the main exhaust plume.

1.2 Purpose
There are many potential benefits for placing a throttleable, vectorable gas
generator into the cowl of a hypersonic vehicle. The gas generator could potentially

provide weight reduction due to a decreased cowl length, increased direct thrust from




the gas generator, and a potential increase in nozzle performance due to higher
pressure on the nozzle wall. In addition, the offset location of the gas generator in the
cowl may make it well suited for providing direct stability and control moment control
to the vehicle.

This computational analysis investigates the effect of inserting a gas generator
flow into a nozzle/cow! flowfield.

1.3 Scope

The scope of this research effort included implementing a gas generator flow
model into an existing computational fluid dynamics (CFD) code and evaluating the
potential on-design and off-design performance of this concept.

The effect of a gas generator on nozzle performance was investigated for two
differeat nozzle/cowl geometries. An experimentally validated hypersonic nozzle/cowl
configuration was analyzed at relatively low speed, off-design conditions of Mach 1.9
and 3.0. A more realistic generic nozzle/cowl configuration was analyzed over a
typical trajectory which maintained a constant dynamic pressure, g, of 1000 psf
through on-design flight conditions ranging between Mach 10 and 25.

The first nozzle was based on an experimental hypersonic nozzle/afterbody
mode! developed by Cochran (4). This is also the same geometry used by Hyun (1) to
validate the computational code used for this research. Figure 1-2 shows the
experimental model and Figure 1-3 shows the experimental apparatus that this

configuration was based on.




The second nozzle/cowl geometry analyzed represents a more realistic generic
hypersonic vehicle afterbody configuration which was analyzed over a typical flight
trajectory. Figure 1-3 shows the generic nozzle/cowl geometry developed by Doty (9)
that was used for this portion of the study. The generic nozzle/cowl geometry was
optimized by Bonaparte (2) over this typical trajectory. The nozzle configuration
chosen for this analysis corresponds to Bonaparte’s optimized generic nozzle geometry
evaluated at a design Mach number of 15.

Realistic gas generator exhaust conditions were obtained using a code
developed to determine the equilibrium flow solution for a liquid hydrogen-oxygen
rocket motor. The gas generator configuration was based on a scaled down Space
Shuttle Main Engine (SSME) geometry (22).

The gas generator flowfield was applied to both of the nozzle/cowl
configurations and the flov solution was evaluated at a variety of gas generator
operating conditions. Not only were the effects of gas generator mass flow and exit
pressure analyzed, but the effects of gas generator thrust vector deflection angle were
also investigated.

For the experimental nozzle/cowl configuration, the gas generator effects were
evaluated over a range of NPR at two low speed off-design Mach numbers, Mach 1.9
and Mach 3.0. Tables 1-1 through 1-3 describe the initial conditions analyzed
computationally. For each Mach number, the gas generator mass flow was varied
from the baseline gas generator off condition (0% throttle setting) to a 200% of design
operating condition throttle setting in 25% increments. The gas generator deflection
effects were analyzed at a 100% throttle setting over a range of £10 degrees in 2.5

4




degree increments. A negative gas generator deflection angle is defined as a
deflection towards the nozzle wall and a positive deflection is defined as a deflection
away from the nozzle wall. The baseline gas generator off cases were compared to
the flow solution using a non-deflected 100% throttle gas generator flow over a range
of operating NPR. A total of 48 final flow solutions were calculated for this
experimental nozzle/cowl geometry.

The gas generator effects are also compared to the effects of varying the cowl
wall geometry. Cowl wall trailing edge extensions (+0.5 inch) and deflections (5
degrees) were analyzed experimentally by Cochran and numerically by Hyun. Gas
generator effects are compared directly to these results.

For the generic nozzle/cowl configuration, the results were analyzed over a
typical trajectory. Tables 1-4 and 1-5 describe the cases evaluated for this analysis.
The gas generator effects were analyzed over 4 points spanning a typical trajectory.
Mach 10, 15, 20 and 25 flight conditions were evaluated over a constant 1000 psf
dynamic pressure trajectory. Gas generator throttle setting was increased from 0% to
200% of the design operating condition in 50% increments. The gas generator
deflection angles covered +10 degrees in 5 degree increments. Excursions were also
made to analyze the trends associated with relatively large gas generator deflection
angles of £20 degrees. A total of 44 final flow solutions were calculated for this
generic nozzle/cowl geometry.

The effects of the gas generator are presented in terms of overall nozzle
performance. Since a significant percentage of total thrust is generated through
pressure recovery along the airframe-integrated nozzle wall, the effects of the gas
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geaerator are presented in terms of the pressure distribution along the nozzle wall.
The net effect of these pressure recovery changes are presented in terms of the
integrated nozzle wall pressure contributions to lift and thrust. For the trajectory
analysis of the generic nozzle/cowl configuration, the pressure contributions to lift and

thrust are also presented relative to the overall vehicle afterbody performance.

1.4 Approach

Hypersonic vehicle afterbody flowfields contain & complex interaction of
flowfield phenomena including expansion waves, shock waves, viscous contact
surfaces, and solid surface boundaries including the cowl and nozzle walls. The
flowfield is complicated with the strong interaction of all of these components.

The literature shows that many computational fluid dynamics (CFD) codes
have been developed to analyze the complex flowficld of hypersonic propulsive
nozzles. - Any CFD code used to analyze this type of complicated flow must be
validated against experimental data to ensure that it can accurately capture the effects
of all of the complicated flowfield interactions. One such code, developed by Wright
Laboratory, solves the unsteady, two-dimensional Navier-Stokes equations based on
perfect gas laminar flow assumptions using several explicit flux-splitting finite volume
schemes. Hyun (1) compared the Wright Laboratory code to the experimental data of
Cochran (4). Hyun demonstrated that this code captured the complicated flowfield
phenomena quite well for high speed freestream flow conditions. Hyun also showed
that as NPR and freestream Mach number increased, the general correlation between

experimental and computational results improved. For these reasons, this code was




chosen to analyze the effects of placing an additional gas generator into this
complicated flowfield.

The flux-vector splitting (FVS) approach of Van Leer and the flux-difference
splitting (FDS) approach of Roe were incorporated into the Wright Laboratory code by
Gaitonde (7). These robust algorithms are second-order accurate in space and time.

The Van Leer method was initially used to achieve a steady state solution since
it requires no more than two internal cells to capture internal shock structures. Hyun
(1) discovered that the Roe method should not used for the initial steady state solution
because it may violate the entropy condition near sonic or stagnation points. When
the Van Leer solution converged to a steady state solution, the flowfield calculations
were then completed using the Roe approach, which more accurately captures wave
interactions between cell interfaces (1).

Several grid densities were evaluated to perform a grid resolution study on the
generic nozzle/cow] configuration investigated. Once a suitable grid was chosen,

complete flow solutions were calculated for each desired flow condition.




Table 1-1 Experimental Nozzle, Mass Flow Cases

Mach f Gas Generator Throttle Setting [%)] 4
200

19 0 25 50 75 100 | 125 | 150 | 175
3.0 0 25 50 75 100 | 125 | 150 | 175 | 200 H

Table 1-2 Experimental Nozzle, Thrust Vector Deflection Cases

— 1
Mach Jf Gas Generator Thrust Vector Deflection Angle [deg)

19 -100} -75 | -50 { -25 | 0.0 2.5 5.0 75 | 100
3.0 -100| -75 | -50 | -25 | 00 25 50 75 10.0}

Table 1-3 Experimental Nozzle, Nozzle Pressure Ratio Cases

Mach J Nozzle Pressure Ratio (NPR)
19 30 50 7.0 12.0 N/A
3.0 50 7.0 9.0 12.0 16.0
8




Table 1-4 Generic Nozzle, Mass Flow Cases

Gas Generator Throttle Setting [%]

| —

10 ‘k 0 50 100 150 200
15 0 50 100 150 200
20 0 50 100 150 200
25 Hﬁ 0 50 100 150 200

Table 1-5 Generic Nozzle, Thrust Vector Deflection Cases

Mach Jr Gas Generator Thrust Vector Deflection Angle [deg] H
10 4} -20 -10 -5 0 5 10 20 )
15 -20 -10 -5 0 5 10 20
20 -20 -10 -5 0 5 10 20
25 J: -20 -10 -5 0 5 10 20




Airframe
Integrated
Nozzle

Figure 1-1 Typical Hypersonic Vehicle (9)

Figure 1-2 Experimental Nozzle/Cowl/Afterbody Model (4)
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Nozzle wall
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'
! Region 3a
| Internal flow interaction
]
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' Region 1
: Combustor exit ﬂow Contact surface .
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"
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Fictitious iower boundary

Figure 1-4 Expanded View of a Generic Hypersonic Nozzle/Cowl Configuration (9)
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IL GOVERNING EQUATIONS AND NUMERICAL METHODS

2.1 Governing Equations

The governing equations of motion for the planar, unsteady, viscous flow of a
compressible fluid which account for viscous stresses and thermal conduction are the

Navier-Stokes equations. By neglecting body forces and heat sources, the Navier-

Stokes equations may be written (10):

9,94 (Continuity)  (2-1)
x

Eg.'_‘.! +_aﬂ‘.'.‘1 +i—ﬂ=0

(Momentum) (2-2)
ot ax, ax; axj

e AE:P) uizy-q) Bnergy)  (23)
ot &tj axj

pfienrR:-1EL ) (quation of str) 24
p

where indicial notation has been used (repeated indices are summed) and
u;= component of velocity in x; direction

= viscous stress
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M, M M
=28 1 (2-5)
v, M )

where 6'1‘ the Kronecker delta

,A= first and second coefficients of viscosity, respectively

q)" 'k(aﬂax,)
where k is the coefficient of thermal conductivity.

The coefficient of viscosity is related to the thermodynamic variables using

Sutherlands Law (10):

3
o T (2-6)
u=C, T+C,

where C, and C, are constants for a given gas. For air at standard temperatures, C, =
2.27B-08 1b_/(ft-sec R'?) and C,;= 1989 R.

The two-dimensional Navier-Stokes equations presented in Equations (2-1)
through (2-4) can be rewritten in vector divergence form. The vector divergence form
of these equations simplifies their implementation into finite volume computational
fluid dynamics algorithms. In vector divergence form, these equations may be written:

U, 3F G @7
x & ay
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where the conserved variables are given by:

yd® 29

and the flux vectors are separated into their inviscid (F,G) and viscous terms (F,.G,).

ou o
F= pusp G= o @9
puv pvip
(E,+P)u _(E,'*P)‘{
0 | 0
T xx fx’
Fv= t G,,‘J 5, (2-10)
aT. T
.u jt # +k"'&'- .u jtﬂ + 5.

The final equation required to define the flow field is the perfect gas equation-of-state.

p=(y-Dpe =Pp—‘ -%(uzwz) 1)

2.2 Numerical Methods

2.2.1 Coordinate Transformation. The Navier-Stokes equations are
transformed from the physical space coordinate system to & computational space
coordinate system in order to generate a suitable computational grid for the application

15




of the numerical method. The coordinate transformation simplifies the process of
spplying boundary conditions, clustering grid points, and providing orthogonality for
application of numerical solutions to the Navier-Stokes equations (10). Equation (2-7)

can be transformed into a general coordinate system (£,1):

_ag-c-f +§_ =0 (2-12)

The details of this transformation can be found in (6) and (12). The general

transformed form of the Navier-Stokes equations can be written (1):

3(UN, 3(Ley (F_Fer (Cr.
5(_";_’)% e F-F)+5,G G,,)])

311 2-13)
"3"-(7[‘1 AF-F) +|'|’(G-G‘)])=0
where the Jacobian of the transformation is given by:
J1=x,y, XY, (2-19)

2.2.2 Discretization. This study uses a modified version of a code that was
developed by Wright Laboratory (WL/FIMC). The code has three options available
for the discretization of the Navier-Stokes equations; Steger and Warming flux-vector
splitting, Van Leer flux-vector splitting, and Roe flux-difference splitting. The viscous
flux vector terms (F,,G,) are discretized using simple central differences. The inviscid
flux vector terms (F,G) may be discretized using the either of the flux-vector splitting
or flux-difference splitting methods. A detailed discussion and examples of these

three discretizations can be found in Hyun (1).
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M

The numerical approach is second-order accurate in time and spece. The
solution is marched in time using a two-stage Runge-Kutts scheme. The formulation
is finite volume and second-order accuracy is obtained though the use of the MUSCL
(Monotonic Upstream Schemes for Conversion Laws) approach in conjunction with a
minmod limiter to prevent oscillations. Details of the MUSCL approach and the
minmod limiter applied to a one-dimensional example can also be found in Hyun (1).

The basic concept of the flux-vector and flux difference splitting can be .
illustrated using the following one-dimensional, inviscid model:

38U 3FWU) o @215)
x

A first-order explicit discretization of Equation (2-15) using the forward Euler method

gives:
@Un,_ Fi-F @216)
At Ax
where
sURUM-U™ 2-1n

and where F,,, is based on some combination of F at the adjacent grid points. For
example, a simple average value could be used where F,,,=(F+F, )/2.
The two-dimensional Navier-Stokes Equation (2-7) can be discretized in a

similar manner. A successive balancing of the fluxes in each direction is used to

17




compute the right hand side, or residual, of the two-dimensional version of Equation

(2-16):

F,..;.(U ’)-F;-;(U "

LHS, - —

(2-18)
G)..'.(U')’Gg-.'.( U')
2 2

LHS,-LHS +
Ay

where LHS, is the left hand side of the two-dimensional version of Equation (2-16).
The left hand side of Bquation (2-16) is calculated using a two stage Runge-Kutta
scheme known as Heun’s method. The details of this Runge-Kutta application can be
found in (24).

The right hand side of Equation (2-16) can be evaluated using cither the flux-
vector splitting approach of Steger and Warming or Van Leer or the flux-difference
splitting approach of Roe. The Van Leer approach is essentially an improvement over
the earlier Steger and Warming flux-vector splitiing approach. Inaccuracies arise in
the Steger and Warming scheme when the eigenvalues of the flux Jacobians change

sign. The flux Jacobians, A and B are given by:

17 4-9F -BU - B-2C 2-19
F=AU ; A 30 GBU,BaU (2-19)

Eigeavalue sign changes will occur near shock structures or stagnation points
in the flowfield. In the Steger and Warming scheme, the split-flux derivatives are
discontinuous at these eigenvalue sign changes giving rise to inaccuracies and

instabilities in these regions. Van Leer’s improvement over the Steger and Warming
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scheme was to split the fluxes so that the forward and backward flux contributions
transitioned smoothly at the eigenvalue sign changes. A comparison of these two
methods is presented in Hyun (1).

The Van Leer approach was chosen as the initial flow solver for this study
since it is more robust than the Steger and Warming approach. Van Leer’s approach
to solving the right hand side of Equation (2-16) consists of splitting the flux into

positive and negative componeats for appropriate upwind differencing:

F-F'U bh+F-U® (2-20)

where U* and U* are vectors of the conserved flow variables at each interface. The
Van Leer flux-vector splitting approach is designed to make computational schemes
more robust and to improve computational efficiency. The goal of a flux-vector
splitting scheme is to split the flux vectors in such a way that an upwind finite-
difference scheme may be used throughout the entire flowfield. This is accomplished
by splitting the flux vectors into upwind and downwind parts. For second-order
accuracy, U* and U* are obtained using Van Leer’s MUSCL approach to extrapolate
the conserved variables to the cell surface. Van Leer’s approach also incorporates a
minmod limit.r based on local conditions to avoid oscillations in shock regions. The
addition of the minmod limiter causes the solution to locally revert back to first-order
accuracy in the vicinity of the shock in order to preserve monotonicity within the

solution.
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The Van Leer approach is also very robust in regions of supersonic expansion.
This method is useful for starting the flow solution when there is a significant amount
of expansion from the initial conditions in the steady state flow solution (1).

Roe’s scheme is used to achieve a final solution after the Van Leer solution
has achieved a steady state solution through the initial flowfield expansions. Roe’s

approach to solving the right hand side of Equation (2-16) is:

F,‘%=%[F(U’-)+F(U‘5—%A(U‘—U") 221)

where A is the Roe-averaged flux vector Jacobian matrix. The "A" refers to Roe

averaging given by:

£=M x=p,u,v,and h (2-22)
VeL+/er

where the R and the L subscripts refer to the components of U* and U* respectively.
The Roe approach also uses a MUSCL approach and a minmod limiter to achieve

second-order accuracy.

2.3 Boundary and Initial Conditions

Since the finite-volume computational schemes used for this study are cell
centered methods which solve for fluxes across the cell surfaces, ghost points must be
added to the grid in order to apply boundary conditions. Ghost points are required at
all internal and external boundaries. Figure 2-1 demonstrates the application of ghost
points to a simplified grid and it helps highlight the necessity of ghost points. For
example, if the surface boundary depicted in Figure 2-1 requires a no-slip boundary
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condition there is no way to specify zero velocity on this surface with the basic cell
centered grid. Ghost grid point nodes are applied such that a row of new fictitious
cells are created as extrapolations of the original grid. The extrapolated grid has an
associated row of fictitious cell centers that are outside of the original surface
boundary as shown in Figure 2-1. Flow variables can then be specified at the ghost
cell centers such that the desired boundary conditions are enforced on the surface
boundary. For this simplified example, where the internal and external cell centers are

the same distance from the edge of the grid, a no-slip boundary condition can be

Figure 2-1 Addition of Ghost Points to a Grid
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applied on the edge of the grid by simply setting the velocity components in the new
fictitious cells equal to and opposite from the velocity components specified in their
neighboring internal edge cells. This approach creates a velocity gradient from the
last internal cell to the fictitious ghost cell such that the velocity is zero on the surface
boundary.

Boundary conditions must be applied at all of the edges and surface boundaries
associated with the physical problem being modelled. The nozzle/cowl flowfield
requires inflow, freestream, outflow, and surface boundaries conditions to be applied.

The inflow boundary conditions must be specified for several different
flowfields for the hypersonic vehicle aft body problem. The internal flowfield
corresponding to the main combustion chamber exhaust, the external flowfield that the
vehicle aft body is exposed to, and the new gas generator flowfield added to the code
for this study all require inflow boundary conditions to be specified. At these inflow
boundaries, the flowfield is specified according to given initial conditions. The
required flow variables, U, are calculated from the inflow initial conditions. On the
inflow faces, corresponding to lines AO and HI in Figure 1-4 for the internal and
external flowfields respectively, the boundary conditions are applied by sctting the

flow vector in the boundary cells equal to the input flow vector:
U, J=U_ (2-23)

For the freestream boundary corresponding to line IJ in figure 1-4, the initial

conditions are specified as the freestream values:
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Um= U- (2"24)

The zero gradient boundary condition is then applied by simply setting the flow
vector in the boundary cell equal to the flow vector in the last cell of the flow
solution:

Uumq=UiJm (2-25)

The outflow boundary condition corresponding to line CJ in Figure 1-4 also

has a similar no-change boundary condition applied:

Uimaxo1j=Uimar (2-26)

The sclid boundaries of the nozzle wall corresponding to curve ABC in Figure
1-4 and all of the cowl lip surfaces coresponding to line OEFH in Figure 1-4 must
have the no-slip boundary condition applied. For example, on the nozzle wall:
Uir=—Uy, 2-27)
Via= Vi

The pressure gradient also goes to zero on the wall:
2.9 (2-28)
on

For a zeroth-order implementation, this gives:

D17 P;; (2-29)
The Wright Laboratory code used for this analysis also requires a definition of
the wall temperature. An adiabatic wall temperature assumption was briefly

investigated for the generic nozzle configuration analyzed in this research. An
23




approximation for adiabatic wall temperature for compressible boundary layers is

given by (13):

aw

T -T .(l+fc1;—lM.’.) 2-30)

where r, is the adiabatic recovery factor which, for laminar compressible boundary
layers, is approximately equal to the square root of the Prandtl number, Pr. The
Prandtl number for air up to moderately high temperature is Pr = 0.72.

For air at the conditions specified for Mach 15 flow in Table 3-4, the adiabatic
wa'i temperature would be approximately 16610 °R for the internal nozzle wall at the
inlet and approximately 18280 °R on the external cowl wall. These temperatures are
much higher than thc melting temperature of most advanced materials. Therefore, the
vehicle requires active cooling on the upstream nozzle wall and the cowl wall. Active
cooling was assumed such that the wall temperature could be maintained below a
reasonable target design temperature. A typical upper limit on nozzle wall
temperature for 8 NASP-type vehicle is on the order of 2000 °R (21). Although this
temperature would vary due to an increase in convective heat transfer as the flow
expanded down the nozzle wall, a constant 2000 °R was applied as a reasonable
approximation over the entire nozzle. The errors associated with the uniform
temperature non-adiabatic wall assumption manifest themselves primarily in the
calculation of viscous wall forces. Since the primary objective of this study was to
investigate the pressure contribution to the vehicle performance, the errors associated

with the viscous drag and lift terms were not considered to be critical.
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The non-adiabatic wall temperature is specified as T, The specific internal
energy can then be specified for the boundary cell such that the wall is maintained at

the given temperature. Again, a zeroth-order implementation gives:
e ,=2¢,T n-¢;, (2-31)

Not only does the flow vector have to be specified on the boundary cell, but
the fluxes on the edge cell must also be specified for the finite volume applications
used in this study. The no-slip condition on the wall forces the inviscid mass and
energy fluxes on the wall surface to go to zero. An examination of Equations (2-9)
and (2-10) show that the only terms remaining in the inviscid flux vectors (F, G) are
the pressure terms. The inviscid fluxes on the wall are then specified by:

0

U, wat 2-32)

0

The viscous fluxes on the wall (F,, G,) are simply calculated based on the
given wall temperatures and the zero velocity no-slip condition. The same approach
described above for the nozzle wall is also applied to the solid boundaries of the cowl.

The initial conditions required to start the solution proccuure are applied such
that the entire grid is initially at the input freestream conditions except at the inflow
boundaries where the appropriate inflow boundary conditions are applied. The nozzle
internal and external inflow boundary conditions and freestream conditions for the
nozzle configuration analyzed in Section 3.1 were chosen by Hyun (1) to match the

experimental results of Cochran (4). A similar set of initial conditions for the nozzle
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configuration analyzed in Section 3.2 were developed by Bonaparte (2) for a generic
flight vehicle over a typical trajectory. Details of the initial conditions used in these
studies can be found in Section 3.1 and 3.2, respectively.

The inflow boundary conditions are specified by the Reynolds number, Mach
number and temperature of the flow. For a calorically perfect gas, all of the required
flow variables and fluxes can be calculated given the gas constant R, and specific heat
ratio y. For air at standard conditions, R = 1716 ft’/(s* °R) and y=14.

One disadvantage of the Wright Laboratory code used for this research is that
it currently has no provisions for flowfield mixing. A hypersonic propulsive nozzle
will typically have different internal and external flow gas properties which will mix
along a contact surface as illustrated in Figure 1-4. The current computational code is
designed to run only a single calorically perfect gas mixture throughout the entire
flowfield. This was considered an acceptable source of error since this study is
parametric in nature and the primary objective is to determine the trends associated
with the incorporation of a gas generator into the cowl. Slight modifications were
made to the code, however, to improve the consistency of the results. Separate values
for R and 'y can now be input for each of the three inflow boundary conditions
(internal combustor flow, external freestream flow, and the gas generator flow)
analyzed in this study. This modification uses the input Reynolds number, Mach
number, temperature, R and y to calculate the correct pressures and fluxes at the
inflow boundaries. These new inflow pressures and fluxes are then used in the code

assuming a single calorically perfect gas.
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The following procedure is used to convert the input variables to the
appropriate pressure and flux terms. First, the speed of sound and velocity are
calculated using the input variables.

aam (2-33)
U=a-M (2-34)
The components of the input velocity are then calculated using the input flow

deflection angle, 0.
u=U-cosd (2-35)
v=U-sin6 (2-36)
Next, coefficient of viscosity, p, is calculated using Sutherlands formula,

Equation (2-6). Density is then calculated using the definition of Reynolds number.

_Rep 23
pw (2-37)

Next, specific internal energy can be calculated.

e-ptc,T+10L, 239)

The final term that is required before the inviscid flux vectors (F,G) given in
Equation (2-9) can be determined is the static pressure. The perfect gas equation of

state is used to calculate pressure.
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These updated flow variables and flux vectors are then used as the inflow
boundary conditions for the rest of the solution which assumes a single calorically

perfect gas throughout the nozzle.

2.4 Computer Code Description

The baseline code used to solve the nozzle/cowl flowfields analyzed in this
study was developed by Wright Laboratory (WL/FIMC). This second-order accurate
code was developed to solve the two-dimensional, viscous Navier-Stokes equations
based on a laminar flow assumption.

The original code was developed to study uniform flow through a channel.
Wright Laboratory modified the code in order to solve the hypersonic vehicle aft body
problem analyzed by Hyun (1). The primary code modifications required for Hyun’s
study included adding a second flow stream to represent the external flow, adding a
freestream outer boundary condition, and inserting a cowl solid boundary. One goal
of the present study was to further modify the code to incorporate a third flow stream
in order to model the effects of a gas generator inserted into the cowl lip. A
description of the required gas generator code modifications is presented in Section
26.1.

A validation of the flux-splitting algorithms was completed by Hyun (1).
Hyun’s study compared the computational results of this code to the experimental data
of Cochran (4) using the same baseline geometry and grid presented in Section 3.1 of
this study. Hyun showed that as Mach number and nozzle pressure ratio (NPR)
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increased, the correlation between the computational results and the experimental data
genenally improved. The computations based on the assumption of planar laminar
flow tended to be more consistent with the experimental data as the Mach and NPR
approached their on-design conditions. The promising results for the supersonic flow
conditions and the trend towards increased correlation at higher Mach and NPR
provided the required justification for using this code in the present study.

The Wright Laboratory code provides many options for solving the given flow
problem. The code can be used to solve the inviscid Euler equations as well as the
viscous Navier-Stokes equations. The code also allows the user to choose which type
of flux-splitting algorithm to use; Steger and Warming flux-vector splitting, Van Leer
flux-vector splitting, or Roe flux-difference splitting can be selected. The code also
has a restart feature which allows any combination of these solutions to be run in
series. For example, the present study uses the steady-state Van Leer solution as the
initial conditions for the final Roe solution. A general discussion of the solution
procedure used is presented in Section 2.5.

In addition to choosing the type of flow solver, the code allows the user to
control other aspects of the problem including; control of the CFL stability criteria,
input of flowfield and boundary conditions, and control of miscellaneous format and
run parameters. A sample input file and a description of the inputs for can be found
in Appendix A.

The code is written entirely in FORTRAN and it was run on a network of

Silicon Graphics Iris 4D/240 and Indigo series workstations.
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2.5 Solution Procedure

The explicit formulation of the numerical problem was used for this
computational analysis. This approach is second-order accurate in space and time.
The explicit formulation was desired because it is well suited for optimization on
parallel processing machines. Section 2.6.2 and Appendix B highlight the code
optimization that was completed for this research.

The approach taken to solve the nozzle/cow] problem uses a combination of the
Van Leer flux-vector splitting method and the Roe flux-difference splitting method.
The initial conditions required to start the iterative solution algorithm are initially set
to the input freestream conditions. As the flow solution is marched in time, the initial
perturbations are very large. The initial conditions for the numerical solution are
significantly underexpanded and as the solution marches towards steady-state, the code
must overcome this initial underexpansion. The code provides the user with direct
control over the Courant-Friedrichs and Lewy (CFL) stability criterion defined as (1):

CFL=-;'At— (2-40)

ez
where A, is the largest eigenvalue of the flux Jacobian matrix.

An initial CFL of 0.01 is used to force very small initial steps in time through
the initial expansion of the flow. The CFL is then gradually increased to a maximum
of 0.9 as the solution is marched towards steady-state.

The Roe approach has demonstrated convergence problems when trying to start
extremely underexpanded initial conditions for the numerical solution (1). For this
reason, the Van Leer approach was chosen to generate an initial steady-state solution
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because it has demonstrated robustness through these initial supersonic expansion
regions. Once a steady solution was achieved using the Van Leer approach, a final
solution was generated using the Roe flux-difference splitting approach to accurately
capture the wave interactions.

Convergence to the steady-state solution was determined explicitly for each run
in this study. The explicit criteria used to determine the convergence are the root

mean square (RMS) heat transfer and pressure values along the nozzle wall:

IL
Qms‘f[,J % (Qujesurfoce) (40

L
1 2-42
P m*'jf_‘J ?_.; (P Uw)z @4

Convergence is determined when Q,,,c and Py, do not fluctuate more than
0.01% over a large number of iterations. The typical number of iterations required for
a converged Van Leer solution ranged from 750 to 2000. An additional 500 to 4000
Roe iterations were then required on top of this to achieve a final steady-state solution.
As freestream Mach number and NPR were increased, the number of iterations
required for a steady state solution tended to decrease. This trend also tends to
support the notion that the viscous laminar flow assumption used in this code is well

suited for the hypersonic nozzle/cowl problem.
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Since one of the primary goals of this research was to evaluate the effect of
gas generator flowfield on the pressure distribution along the nozzle wall, several
representative measures of performance are presented. The coefficient of pressure (C,)
and the pressure contribution to lift and thrust were calculated along the nozzle wall.

The pressure coefficient along the nozzle wall is calculated locally using:
C,-2rP- 243
where p., and g, are the freestream static and dynamic pressure, respectively.
The pressure contribution to thrust along the nozzle wall is given by:
= 2-44
Ihrust,,_.?:; (Ay)p, 2-44)

where Ay, is calculated from the wall grid spacing and p, is calculated at the cell
center.
The pressure contribution to lift along the nozzle wall is calculated in a similar

manner:

L
L’ﬁp...f?; (Ax)P, (2-45)
where Ax, is also calculated based on the wall grid spacing.
2.6 Computer Code Modifications
In addition to the small change in the inflow boundary conditions described in

Section 2.3, several more significant changes were made to the Wright Laboratory

code for the incorporation of a vectorable gas generator flowfield into the cowl and
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the optimization of the code for use on parallel processing machines. The following
gsections highlight these code changes.

2.6.1 Addition of a Gas Generator Flowfield. The data input subroutine,
DATIN £, and the common block routine, gcommon.f, were modified to read in the
required gas generator flow definition from the input file cnldat found in Appendix A.
The new variables are Reynolds number, Mach number, temperature, R, ¥y, and thrust
vector deflection angle 0. The variables are then converted to the desired flow
variables as described in Section 2.3.

The initial condition subroutine, /NITL.f, was modified to set the flow variables
and the conserved variables, U, to the proper initial conditions on the gas generator
boundary.

The boundary condition subroutine, BC.f, required the most extensive
modifications. The solid surface boundary condition at the cow! lip was replaced with
an inflow boundary condition as described in Section 2.3.

The main calculation subroutine, L.f, also required a slight modification. In the
baseline code (no gas generator) the cowl lip was treated as a solid boundary. This
required that the inviscid flux terms on the surface be specified as shown in Equation
(2-31) where the mass and energy terms are set to zero and only the pressure
contribution to the momentum terms remain. In the modified code, the cowl lip is no
longer modelled as a solid boundary and the flux vectors are not reset. These terms
are now set equal to the flux terms associated with the gas generator flowfield initial

conditions.
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2.6.2 Code Optimization. The steady-state solution of a typical nozzle/cowl
configuration required on the order of 4 to 20 hours of computer run time using the
baseline code. A significant reduction in run time was required in order to complete
the large number of runs required for this research in a timely manner. The run time
could be reduced because the explicit formulation of the numerical problem is well
suited for optimization using parallel processing machines such as the Silicon Graphics
4D/240 used for most of this research.

The Silicon Graphics Power Series comes equipped with extensive support for

parallel applications at both the operating system level and the compilers and tools
level. Moving the applications from the operating system level to the compiler or tool
level greatly enhances the ease of developing parallel applications.

Code can be parallelized relatively easily using compilers such as the Silicon
Graphics Power FORTRAN compiler. This compiler has a scheme for
homoparallelization of DO loops through in-line comments that provide
multiprocessing directives to the compiler. Interpretation of these directives is enabled
through the use of the -mp option with this compiler. The basic construct is the
c$doacross directive which informs the Power FORTRAN compiler that the DO loop
immediately following is to be parallelized.

Since the c$doacross directive can be cumbersome to insert manually, Power
FORTRAN is equipped with code analyzer tools which helps the user identify
opportunities for parallelization. These tools are called pfa and pca respectively.

Both are source-to-source optimizing processors that discover blocks of code that can
be made parallel and actually insert the directives necessary to implement parallelism.
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The pfa tool was used for this task. The pfa tool is generally very good at identifying
which loops can be parallelized and which have data dependencies or too few
iterations to be congidered. It generates a listing that shows which portion of the code
were parallelized and why it could not parallelize the others. This listing helps the
developer by highlighting any dependencies which require further attention.

Another tool that helps the developer parallelize applications is an execution
profiler. An execution profiler such as pixie counts the number of CPU cycles a
section of code takes to execute and keeps track of the total use by that section of the
code. By accumulating these statistics during a run of an application, this tool can
generate detailed reports on the execution of the code. An example of the pixie
profiler results accumulated from a run of the baseline code applied to a typical
solution is presented in Appendix B.1.

For the baseline profile example in Appendix B.1, the solution of 1000 Roe
iterations for a typical nozzle/cowl configuration requires 86.82 minutes of CPU time.
The routines sqrt and r_sign are math library routines and can not be parallelized.
The remaining routines which were parallelized are FSIROE, FSJROE, LMTRI,
LMTRIJ, VISEUL, VJISEUL, and L. Between them, these subroutines took
approximately 80% of the total application run time.

The pfa tool was then used to analyze and parallelize the code for each of
these subroutines. All of the subroutines except L were parallelized without any
manual intervention. With the help of pfa, the problem areas in L were highlighted
and several minor changes were then made to further parallelize this subroutine.
Details of these minor changes in L and an example of the c$doacross structures can
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be found in Appendix B.3. Since the other subroutines were successfully parallelized
by pfa without any manual code changes, their listings were not included.

The execution profile for the parallelized code running this same nozzle/cow!l
example is presented in Appendix B.2. The limiting CPU time required for the most
heavily used processor was reduced to 33.85 minutes. The speedup ratio in terms of
CPU cycles was 2.56. This particular test case took 158 minutes with no
parallelization and 69 minutes with parallelization, which corresponds to a time
speedup factor of 2.29. The numbers associated with time are subject to some amount

of variation due to the competition for CPU time with the operating system.
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. ANALYSIS OF NOZZLE COWIL. FLOWFIELDS

3.1 An Experimentally Validated Nozzle/Cowl Geometry

The first nozzle/cowl geometry analyzed in this study is based on the
experimental hypersonic vehicle afterbody configuration analyzed by Cochran (4).
The two-dimensional nozzle/cowl model was designed to be representative of the
external geometry of a hypersonic vehicle. Figure 3-1 presents a cross-sectional view
of this experimental nozzle/cowl assembly. In order to facilitate fabrication, the
internal nozzle consisted of a 50 degree straight convergent ramp. At the throat, the
flow is turned at a sharp corner and allowed to expand along a 20 degree external
expansion ramp. Four different cowl configurations were analyzed in Cochran’s
experimental study: a baseline short cowl, a long cowl, a long cowl deflected towards
the body S degrees, and a long cowl deflected away from the body 5 degrees.

Cochran analyzed these hypersonic vehicle afterbody configurations in the
Wright Laboratory two-foot trisonic gasdynamic tunnel at subsonic, transonic, and
supersonic off-design operating conditions. The testing was limiied to relatively slow
speed off-design operating conditions due to the operating limitations of the
gasdynamic tunnel facility. For the subsonic flow cases the maximum dynamic
pressure was limited to 350 pounds per square foot (psf) and the maximum Reynolds
number was limited to 2.5 million per foot. For the supersonic cases the maximum
dynamic pressure increased to 1000 psf and the maximum Reynolds number increased

to 5.0 million per foot. The total stagnation temperature was maintained at
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approximately 559.7 °R for all of the analysis. The nozzle/cowl wall temperatures
were maintained at a nearly constant 400.6 ‘R for this analysis.

Cochran’s goal was to experimentally analyze the nozzle/afterbody drag force
on these models by integrating the pressure distribution on the external ramp.

Pressure distributions on the external ramp were obtained for each cow!l configuration
over a range of NPR, freestream Mach number, and Reynolds number. The maximum
errors reported for the experimental tests were 0.20% for the freestream total pressure,
0.12% for the freestream static pressure, 0.57% for the static pressure probes, and
0.43% for the internal nozzle total pressure.

Hyun, (1), compared these data to the results of the Wright Laboratory finite
volume computational code described in Chapter 2. The goal of Hyun’s research was
to aftempt to validate the numerical method using the experimental data gathered from
this very practical experimental example. In general, the two-dimensional flux-
splitting elgorithms performed very well for the supersonic external flow cases.
Three-dimensional effects in the experimental data were the primary reasons for most
of the small discrepancies. For the supersonic external flow cases, small differences
occurred at the far downstream locations on the expansion ramp where the thickening
boundary layer tended to interact with the external flowfield. Hyun demonstrated that
as NPR and freestream Mach increased, the correlation between the experimental data
and the computational results generally increased.

The two-dimensional Wright Laboratory code could not be validated for the
subsonic flow case because of very strong three-dimensional effects on the
nozzle/cow! experimental data. The experimental data contained significant three-
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dimensional effects due to the interaction between the exhaust plume, the expansion
ramp subsonic boundary layer, and the subsonic external flow. For these reasons, the
scope of the current analysis is limited to the validated supersonic off-design
conditions analyzed by Hyun and Cochran.

The initial conditions used for this analysis were chosen to match the
experimental conditions reported by Cochran and used by Hyun. Table 3-2 describes

the Mach 1.9 flowfields analyzed at nozzle pressure ratios of approximately 3, S, 7,

and 12. Table 3-3 describes the Mach 3.0 flowfields analyzed at nozzle pressure
ratios of 5, 7, 9, 12, and 16. The test point number (TPN) presented in these tables
corresponds to Cochran’s original test points. For this experimental nozzle
configuration, the high pressure internal nozzle flow is subsonic and it is accelerated
to supersonic speeds through the converging-diverging nozzle section.

The computational grid developed by Hyun was used as a baseline for the
current analysis. Hyun used an approach that is very similar to the approach taken for
the generic nozzle grid generation described in Section 3.2.2. Figure 3-2 shows the
final grid that was used for the baseline experimental nozzle analysis. This grid has
dimensions of 101 (£) by 71 (). An algebraic distribution of grid points was used
along each edge and a combination of algebraic and elliptic grid generators were used
to distribute the internal nozzle grid points.

The primary objective of the first part of this research was to insert a gas
generator flowfield into the cowl lip. Using Hyun’s grid definition and Cochran’s
initial conditions, the overall effects of the gas generator could be compared to the
experimentally validated baseline flow solutions. This also allows for a direct
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comparison of gas generator mass flow and deflection angle effects to the effects of

nozzle cowl length extensions and deflections.

3.2 A Generic Hypersonic Vehicle Configuration

For the second part of the current research effort, a generic hypersonic vehicle
nozzle/cowl geometry was evaluated at more realistic on-design flight conditions.
Since the Wright Laboratory code showed good correlation to the experimental data
and a trend towards increasing accuracy with increasing freestream Mach number and
NPR, it was determined that the same code could be used to determine trends at more
realistic on-design flight conditions.

The generic nozzle design used for this study was developed by Doty (9).
This same nozzle definition was used in the nozzle geometry optimization research of
Bonaparte (2). The purpose of Bonaparte’s study was to implement a two parameter
optimization for nozzle attachment angle and cow! deflection angle using an inviscid
flux-difference splitting code developed by Doty. Doty’s nozzle definition and
Bonaparte’s trajectory were used for the present analysis. Trends associated with a
gas generator flowfield were evaluated for the generic nozzle/afterbody over a this
typical flight trajectory corresponding to a constant dynamic pressure, q, of 1000 psf
through flight Mach numbers ranging between 10 and 25.

3.2.1 Nozzle/Cowl Model. There are many options available for defining a
generic nozzle/cowl assembly. Doty, (9), defined a family of generic nozzles
consisting of a circular arc section extending from the combustor exit to the nozzle
wall and a parabolic arc section which defines the nozzle wall. Figure 3-3 (not drawn
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to scale) defines this generic configuration. An internal height, h,, an external height,
h,,» & nozzle length, and a nozzle wall attachment angle (8g) are all that is required to
parametrically describe this family of nozzles. The circular arc is defined relative to

the origin, O, by the following relationships:

X=X +risin(6)} 3-1)

Y=Yo+ril-cos(8)) 3-2)
where 0 extends from 0 to 6;.
The general form of the parabolic wall is given by:
y2+clx+czy+c3=0 33
where the three unknowns, c,, c,, and ¢, can be evaluated using known information.

The following relationships define the nozzle wall:

C,= '[@C)z -0’8)2] *20’3)0.’3).(30 -x» 3-49)
Oc-yYp-Xc-*p)0p)
¢,=200p0p-0pC, 35
€5=-(/p* 209 0pxp +05%5-YpC, 3-6)
where,
y=(dyldx)p=tan(8 p) G-n

and the x and y locations are known at points A and C. For a given nozzle inlet
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height, nozzle exit height, and nozzle length, a complete family of nozzle
configurations is defined by the nozzle attachment angle, 6,.

Bonaparte’s optimization effort showed that the nozzle performance is fairly
sensitive to the nozzle attachment angle. For this generic nozzle configuration
analyzed over the typical trajectory presented in Section 3.2.3, the optimum nozzle
attachment angle, 0, varied from nearly 36 degrees at a trajectory Mach number of 10
down to almost 16 degrees at a trajectory Mach number of 25. The nozzle
configuration chosen for the current analysis was based on a design trajectory Mach
number of 15 where the optimum nozzle attachment angle is approximately 24
degrees. The Mach 15 design condition and the 24 degree nozzle attachment angle
represent a reasonable design trade-off over the Mach 10 to Mach 25 flight trajectory
since the 24 degree nozzle attachment angle falls just less than half way between the
optimum values for Mach 10 and Mach 25.

Table 3-1 completely defines the generic nozzle/cow] geometry used in this
investigation. The total expansion ratio is 25:1, the overall nozzle length is 100 times
the combustion chamber exit height, and the cow! wall spans 1/10® of the overall

nozzle length. The cowl wall is modelled as a flat plate with a blunt trailing edge.
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Table 3-1 Generic Nozzle Configuration Definition

Nozzle Data Value j!
Nozzle Length, L (in) 100
Inlet Height, h,, (in) 1
Exit Height, h,, (in) 25
Circular Arc Radius of Curvature, r (in) 1
Circular Arc/Nozzle Attachment Angle, 6, (deg) 24
Cowl Length (in) 10
Cowl Thickness (in) 0.25 ||

3.2.2 Grid Generation. Successful grid generation is a very meticulous
iterative procedure. The process of developing the grids used in this research was
simplified using the GRIDGEN software package developed under contract by the
Fort Worth Division of the Lockheed Corporation (formerly General Dynamics) for
the Flight Dynamics Laboratory, Aeromechanics Division, Wright Laboratory
(WL/FIM) (16,17).

A quasi two-dimensional surface grid is required to define the generic
nozzle/afterbody configuration investigated in this research. The final grid with
dimensions of (101x71) used for this analysis is presented in Figure 3-4. The grids
used for the grid resolution study are shown in Figures 3-5 and 3-6 corresponding to
grid dimensions of (151x101) and (201x151) respectively. Details of the grid

resolution study can be found in Section 4.1.
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Only the two-dimensional grid generation portion of GRIDGEN called
GRIDGEN2D was required for this effort. GRIDGEN2D is designed for use on the
Silicon Graphics, Inc. (SGI) 3000 and 4D series IRIS workstations and the IBM RISC
6000 workstations. The GRIDGEN software was installed on a NAIC SGI network
for this effort.

For this problem, a single block was defined with the desired dimensions (E_,,,
Naer Ju)- Lo Was set to 1 since only a two-dimensional surface grid was required.
& 80d 1, Were set to the overall grid dimensions of 101x71 respectively. The
generic nozzle/cow] definition is well suited for grid generation in Cartesian
coordinates.

The edges were defined by importing a high resolution edge definition file
which contained the nozzle geometry definition as specified in Equations 3-1 through
3-7 and Table 3-1. The grid points were then distributed along the edges using
algebraic distributions.

The main domain was broken down into several subunits in order to help
cluster grid points and control the grid definition. Grid clustering was provided in the
regions near the solid boundaries to provide sufficient resolution of the boundary layer
flow and in the regions where strong expansions and shocks were expected.

The external flow grid was calculated algebraically using the spacing defined
on the edges. The algebraic solver used transfinite interpolation {TFI) with arclength
based interpolants to generate the external flow grid. This method tended to keep the

internal grid clustering proportional to the defined edge clustering as was desired.




The internal flow grid was calculated using an elliptic partial differential
equation (PDB) grid solver. Thomas-Middlecoff control functions, with a relaxation
factor of 0.3, were used for smoothing since they appeared to give the best results.
The elliptic solver was set up to force the grid to be perpendicular to the solid
boundaries and the freestream inflow boundary and was set up to force a constant
gradient geometry at the downstream outflow boundary. Approximately 400 iterations
were run to generate the final grid.

Once the surface grid was created, a small FORTRAN routine was used to add
the required boundary ghost points as described in Section 2.3. This routine also
converted the grid to a cell centered grid and it inverted the grid for evaluation with

the Wright Laboratory code.

3.2.3 The Trajectory. A hypersonic vehicle will typically travel along a
design trajectory. A constant dynamic pressure, g, trajectory can be used to represent
typical acrodynamic and structural loads on a hypersonic vehicle. A typical value of
dynamic pressure for a NASP type vehicle is g=1000 psf (2). The trajectory is then
specified by the definition of dynamic pressure:

q-31P.M: @39)

A pressure altitude corresponding to p,, is determined as a function of design
dynamic pressure and vehicle Mach number. Figure 3-7 defines the trajectory
associated with a constant 1000 psf dynamic pressure flight path. The pressure

altitude was based on the 1976 standard atmosphere.
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Table 3-4 defines the internal and externai {i. ;wfields used for this analysis.
The internal flow parameters were based on the engine analysis conducted by
Bonaparte, (2). Bonaparte obtained the engine exhaust parameters by analyzing a
generic scramjet configuration over this trajectory using the Johns Hopkings RamJet
Performance Analysis (RJPA) program (24).

The external flowfield presented in Table 3-4 was based on another set of
simplifying assumptions. Since the forebody of a hypersonic vehicle typically acts as
a large compression ramp, assumptions had to be made regarding the effect of this
flowfield compression on the afterbody freestream flow. Bonaparte assumed a total of
ecight degrees of flowfield tuming was accomplished by passing the external flow
through an oblique shock. The oblique shock solution was calculated using an
iterative solution which accounted for temperature changes in the caloric models used
for enthalpy, h, and specific heat capacity at constant pressure, c, Although the
Wright Laboratory code used for this research is not capable of mixing dissimilar
flowfields, a realistic freestream boundary condition is desired. The trajectory analysis
completed using the caloric model provided more realistic freestream inflow pressure
and flux terms which were then used in the Wright Laboratory code as described in

Section 2.3.

3.3 The Gas Generator Model
The primary goal of the current research was to determine the effects of
inserting a vectorable, throttleable gas generator flow into the cowl lip. The gas

generator flowfield was obtained using a computer program developed by the author to
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determine the equilibrium flow solution for a liquid hydrogen-oxygen rocket motor
(22). The exit atage solution from this model was used as the input initial conditions
for the improved cowl concept gas generator.

Table 3-5 defines the gas generator flow used for this analysis. The baseline

nozzle geometry and operating conditions were based largely on a scaled down Space
Shuttle Main Engine (SSME). The oxygen to fuel mixture ratio was 6.026:1, the
combustion chamber inlet pressure at 100% throttle was 204.55 atm, and the exit to
throat area ratio was 77.5 for the baseline gas generator. In order to analyze the
effects of varying mass flows and exit pressures, this engine configuration was
analyzed operating at a range of throttle settings varying from 25% to 200%. Engine
throttling is accomplished by increasing or decreasing the combustor chamber pressure.
In addition to throttling, the gas generator flow was also vectored through a range of
+20 to -20 degrees using the approach described in Section 2.3.
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