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Abstract

Traditiondly flight control systems have used linearized equations of motion
solved around asingle trim point. Thisthes's proposes a nested-1oop controller directly
solved from the equations of mation.

The control equations were developed as a solution to asymmetrically trimmed
flight conditions. A two-loop design was proposed for the controller. The outer loop
modeled the aircraft as a point mass and al forces were balanced to find the aircraft
dates. The equations input the control variables and output the aircraft sates. The inner-
loop utilizes the six-degree of freedom model of the aircraft to solve the moment
equations. With the input states, the required control surface deflections are calculated.

The control equations were investigated for typicd flight conditions to find the
predicted aircraft control settings. The control equations were implemented using
aeromodd datafor aLearjet-25. The aeromode data was updated in flight test. The
predictions from the control equations were then compared to flight test results. The
model was able to predict the required elevator deflection for smple longitudina casesin
level and dimbing flight to within tolerances. The smple laterd-directiona cases were
not as accurate as the longitudind investigations. As complex maneuvers were
investigated, the modd predictions did not match the flight test results. The complex
maneuvers were not reproduced in flight test to match the flight parameters calculated
with the modd. Also the laterd-directiond stability derivatives and measurements had

larger errors than the longitudind variables.
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OUTER-LOOP CONTROL IN ASYMMETRICAL TRIMMED FLIGHT CONDITIONS

|. Introduction

Background

Automatic flight control systems are avitd part of most arcraft desgns. The
autopilot controls both the longitudina and laterd-directional motion of the vehicle to
perform the desired misson. The control system decreases pilot workload, enhances
flight safety, and increasingly is used to sabilize aircraft that otherwise would not be
gable. Also, with the increased use of Unmanned Aerid Vehicles (UAVS), the automatic
flight control system isvitd to achieve the required performance. Traditiondly,
automatic flight control systems have used linearized equations of motion to Smplify
arcraft motion around an equilibrium point. Linearization methods have been sudied
extengvely and are implemented on most modern aircraft (1: Chapter 5). It is proposed
to solve the aircraft equations of mations to find the necessary control surface deflections
to achieve adesired flight path and orientation. The developed equations are applicable
to mos of the flight envelope and not fixed to the equilibrium point.

From the time of the Wright brothers, aircraft stability and control has been a
centrd concern of arcraft desgn. To meet design performance requirements, a baance

must be achieved between aircraft stability and maneuverability. Increasingly, modern



arcraft are designed to be inherently unstable to meet increased operationa demands.
The F-16 fighter aircraft is ungtable in the unaugmented airframe configuration, and
requires an automatic flight control system to maintain steedy flight (2: Class 2).
Automatic flight control systems have been studied extensively, and many schemes have
been designed (3: 367, 386).

The traditiona design method for flight control systemsisto assumeflight a a
gtable equilibrium point with smdl perturbations from that point. The aircraft equations
of motion are linearized, and smdl angle assumptions are normaly made to smplify the
equaions. Thismethod is generaly only vaid for asmdl region and must be
recdculated if flight conditions change from the equilibrium point. Thisrequiresthe
automatic flight control system to be divided into smal regions of applicability (gain
scheduling). Changing from one gain region to another may cause discontinuities in the
equilibrium point and jumps in the commanded control inputs. Therefore, it isdedrable
to design an automatic flight control system that is applicable for most of the flight
envelope.

Overview

A designisenvisoned to solve the required control surface deflection angles from
the aircraft equations of motion for adesired flight condition. A design was proposed
utilizing anested loop controller to solve the equations of motion (reference 4). The
outer-loop dynamics of the aircraft were modded as a point mass, using nonlinear
equations of motion. The flight sate variables (velocity (V), glide path angle (g) and
course angle (H) change rate) were nondimensiondized and used to describe the desired

trimmed Steady date flight trgjectory. The flight trgjectory is defined as the path the



arcraft center of gravity travels through the atmosphere. Additionaly, to solve the
equations either Sdedip angle (b) or bank angle (f ) must be specified for the given
flight condition. Equations were developed to output angle of atack (a), thrust setting
(T), Sdedip angle, and bank angle from the State variable inputs.

The remainder of the design was developed and implemented for verification on
an actud aircraft. The outer-loop outputs were dimensiondized for the aircraft model
data. Theresults of the outer-loop equations were in the wind axis, which were then
transformed to the body axis to become the inputs into the inner-loop equations. The
inner-loop equations usethe calculated a, T, b, f and specified flight orientation to find
the required aileron (dy), elevator (de), and rudder (d,) surface deflection angles. The
flight orientation is defined as the aircraft rotation and angular acceleration about the
center of gravity. Aslong asthe required deflections are smdler than the deflection
limits, the desired trimmed flight path can be achieved by commanding the control
surfaces. The control laws were implemented using a Learjet-25 modd to determine the
vaidity of the gpproach. Findly, the trim condition parameters were established in flight
teststo verify the predicted results.

The remainder of the paper isin the following format. In Chapter 2, the three
axes used for the equations of motions (wind axis, navigation axis, and body axis) are
introduced. The Learjet-25 aircraft model is aso presented and al model parameters are
listed in Table 1. Next, the equations previoudy derived to caculate the outer-loop are
reviewed and modified to match the defined axes. The arcraft trim equations for the
inner-loop dynamics are derived in Chapter 3. In Chapter 4, sdlected flight trgectories

areinvedtigated for trimmed equilibrium flight conditions. Frdt, straight and leve flight



isexplored. A wingsleve dimb and wings level descent are then caculated. Next,
crabbing flight (Sdedip angle not equa to zero) is determined. Steedy, leve turn and
corkscrew turn (climbing and descending) maneuvers are then investigated. Next, a
barrel roll maneuver (constantly changing roll angle) is reproduced. Then the AC-130
gunship leved orhit, firing maneuver isexamined. Findly, a Seady pitch-over maneuver
ismodded. In Chapter 5, the effect of errorsin the stability derivatives are investigated
by varying the known derivative va ues +40% to determine the change in the control
surface predictions. Control surface deflection changes greater than 1.0 degree are
consdered to have aggnificant impact on the equation predictions. In Chapter 6 the
predictions from Chapter 4 were vaidated by flight test data. Sdlected trim conditions
were examined in the flight test program and compared to the theoreticaly cadculated

vaues. Chapter 7 includes the conclusions and recommendations.



[1. Modd Definition

Overview

In Chapter 2, the point mass model is devel oped to provide a basis for the control
lawsfor the trgectory of the aircraft. The outer-loop equations are found from the
nonlinear equations of motion and applied to the actud Learjet-25 parameters. The
outer-loop modd equations are reviewed to provide a basis for the rest of the study. The
equations were previoudy developed (reference 4), but are reviewed for clarity due to the
need to redefine the reference axes. The control equations are developed from baancing
the forces and moments (trimmed flight). In Chapter 3, the outer-loop equation outputs
are used with the transformation matrices and the remainder of the equations of motion to
find the control surface deflections required to achieve the desired flight trgjectory and
orientation. In Chapter 4, the equations devel oped in the previous two chapters are used
to smulate sdlected flight trgectories. By choosing the correct input states, the required
control surface deflections for the desired flight path are found. The impacts of
vaiaionsin the sability derivatives are investigated in Chapter 5 to determine which
parameters require the most accuracy. Finaly, in Chapter 6 the theoretica vaues tested
using the Learjet-25 in flight tests are compared to the theoretica calculations.
Axes Definition

Background information and the aircraft mode are now presented. Fird, the

pertinent reference frames are introduced, including the coordinate transformations. The



outer-loop equations are re-derived including the necessary changes for the redefined
axes. Findly, the Learjet-25 agrodynamic parameters are provided.

Three reference frames are used in the development of the control equations. body
axes, wind axes and the navigation frame. The body axes are affixed to and move with
the aircraft. The body axes parameters are easiest to measure since they remain constant
with respect to the aircraft. The wind axes are fixed to the aircraft center of gravity (cg)
and utilize the free-stream airflow as areference. Wind axes reference frames are used
extensvey in andyzing flight mechanics. The navigation frameis attached to the earth
and provides an gpproximate inertial reference frame. The axes definition and
rel ationships between reference frames follow.

Body Axes.

The body axes frame is specified in relation to the structure of the aircraft. The
body x-axis (X,) points out of the nose of the aircraft. The body y-axis (yy) is orthogond
to the xp-axis, passing out the right wing, and the body zaxis (z,) completes the right-
handed coordinate system, pointing in adownward direction. The body axes system is
defined relative to the North- East- Down (NED) navigetion axes frame by specifying the
3-2-1 Euler angles Fird, the heading angle (y ) is the rotation about the navigetion z-axis
(z)) to establish the intermediate 1-axes. Next, the pitch angle (q) is the rotation about
the y;-axisto find the intermediate 2-axes. Findly, therdll angle (f ) is the rotation about
the xp-axis to produce the body axes. The rotations and angles are shown in Figure 1.

Theinner-loop caculations are performed in the navigation axes frame.
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Figure 1. Navigation-to-Body Axes Transformation

Navigation Axes.

The navigation axes provide an gpproximate inertid reference frame and are used
for most performance cdculaions. In flight mechanics though, the wind axes frameis
typicdly used. The navigation axes are o related to the wind axes by aset of 3-2-1
Euler angles. Firg, the course angle (H) is defined as the rotation about the z,-axisto
find the intermediate 3-axes. Next, the flight path angle (g) is defined as the rotation
about the ys-axesto find the intermediate 4-axes. Findly, f , isdefined asthe rotation
about the x4-axis to produce the wind axes. The Euler anglesH, g, and f , are shownin

Figure 2.
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Figure 2. Navigation-to-Wind Axes Transformation



Wind Axes.

The outer-loop control model equations use the wind-axes system. The wind axes
are defined as the x,~axis pointing aong the forward velocity vector of the free-stream
arflow. The z,-axisis defined negative dong the aircraft lift vector, perpendicular to the
xw-axis. Theyy-axisisorthogond to both the X, and z,~axis, pointing to the right. The
relationship between the wind axes and the body axesis found by fird rotating the
arcraft about the z,-axis by the sdedip angle to find the intermediate 5-axes. The wind
axes are then defined as the rotation of the angle of attack about the new ys-axis. The

rotations and angles are shown in Figure 3.
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Figure 3. Wind-to- Body Axes Transformation

Outer-Loop Model Development
Thisisthe definition of the aerodynamic angles used in this paper. Unfortunately,
there is no standard definition of the aerodynamic angles, a and b (1:62), (5:36 and 88).

Sdedip angle, b, isnormdly assumed to be smal, so thisis not normaly asgnificant



issue. For large anglesthe correct definition of a and b isimportant and a rotation order
must be specified. Sidedip is chosen asthefird rotation angle because in awind-tunnd,
the modd would normaly befird rotated by b, andthen a for each test condition. When
the aerodynamic angles are smdl, roll angle, f \, is approximately equa tof . The pitch
angle, q, is approximately equd to the sum of theanglesa and g. Theyaw angle,y , is
approximately equd to the combined angleof H and b. The previous outer-loop study
(reference 4) had different definitions for the axes, but with the above definitions of the
axes, exiging aircraft performance data could be used without modifications. The
previous arcraft equations of motion were adtered to reflect the new axes definitions.
Background.

The outer-loop equations were previoudy derived for a generic fighter aircraft.
The derivation of the equations of motion is reviewed with the new definition of the
coordinate axes. Even though the yi- and z,- axes were rotated 180 degrees, the only
difference in the equations is the definition of the flight path angle, g, which is now
negative with the new definitions. The sde-force (Fy) has the same sign, but now is

defined as pogtive to the right. The forces acting on the aircraft are shown on Figure 4.



Point-M ass M oddl Definition.
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Figure 4. Force Definitions

The aerodynamic forces are

L=57CL3 @+a, ) «y

V 2
where g :% AV ZS, (dynamic pressure)

2
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T=mgm (thrust) 4)

The non-dimensondized thrust setting ism
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The arcraft equations of motion usng wind axes are

vee P gsna ©)
m

Leosf, +Fdnf, ng
& - —cosa (6)
mv \%

-Lanf, +F cosf,

<=

()

mVcosa

The same assumptions and amplifications of the previous study (reference 4) to
the equations were gpplied to find the control variablesm a, b, and f , asfunctions of the
date variables (V, g and H). Details of the calculations are found in Appendix A. With
the equations of motion derived, specific trim conditions are then examined. By
describing the trimmed flight condition with respect to the Sate variables, control settings

were obtained for the trim conditions.

The gtability derivative Cp,, was used for the Learjet-25 model. Oftenthedragis
defined as afunction of (C,,”a?+Cp,,), but the available model used Cp, . The modd
will not be as accurate as the trim condition gets farther from flight condition where C,
was determined since Cpp,; does not account for the second-order effectsof C,°. Using

C,. ? may incresse the accuracy away from the point where the stability derivatives were

a

calculated.
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Straight and Level Flight.
For trimmed flight, the derivatives of the state variables (<, &, and IF) are set
equa to zero. Details of the cdculations are found in Appendix A. Again, one of the
control variablesb or f , must be chosen for the specified trim condition.

The trim control law for aspecified trim b is

C,Sa v
sf, =3 V2 ®)
V., nmgS,, cosa
® avia 6
COSfV :\/l' o ZC:YaS qV a ~: (9)
gvo nmgS,, cosa s
® 2 ~ 2 m S A 20
Aol e A (10
C., v g &S -
2
2 —
qv? & ncosdd o€, C S qv’ad
e _(c -c,a, )+ [c2 S e T e T
mvo g CL 1] gCLéVO nmgSW ﬂ
and the trim control law for aspecified trim f  is
2 ~
p=YolMMGS, COS&g, ¢ (12)
C,Sq \%
2 = ..
a=— ?"”Tgf‘)sacosfv%-am (13)
CLa qVv p
C —\/2
m=—> (nCOSéCOSfV)““LVZ(CD -Cp a, )+ns‘n§ (14)
mg (] a L

C.

[o]
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Steady Turn Flight.
For steady turning flight, W<and & are set equal to zero, but Ff is a constant

specified course changerate, v , . Therefore, H(t) isequa to v , t. For aspecified trim

b, the control law is

u

_ é 2 .2 2
= -qu .8 &VU "8 2 2 _%i 9 S_t a
codt mv Z cos|(ng)’ +(Vv )zlgg\/éﬁw Mo e+t Y] s, C“bE PV, o bg
(15)
: qv? g V2 0 o S, u
sinf, = -y cosa{ng VVY)JgVVY‘quV m cos 5[(ng) (Vvy) ] g—cyhb +ngSWCybbE
(16)
1 fev? 62[ ] S o
~ 2 2 s
a= "o _mcosaz |(ng)’ + (W, |- E=-C, bE -a, (17)
c. Jéqu : (ng)” +(wv y) &, 00 2
2 B 2 & 9
m= ﬁvzg = \/g 2mcosa9 [(ng) Y ] g—c be - C, a, +Cp .+ngsna
mgV; gc qv p =
(18)

Steady Rolling Flight.
For steady rolling flight, ¥<, I¥F and & are set equal to zero, but the velocity

vector roll rate < is a constant specified rate, v , . Therefore, f (1) isequa to v, t.

Again, for aspecified v, , the trim control law is
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From equation (12)

VinmgS, cosd .
——— SnW t

b ()= C.5a vV’ (19
From equation (13)
a(t)= C1 gvjramg cosé\(;(zswf tg_éOL 20)
La 2
From equation (14)
av’

C
- (CDD - CDééoL)+ % ncosdcosw t+nsnad (21)

"

o La

L earjet-25 Aeromodel.
The arcraft modd used isthe Learjet-25 aircraft operated by Veridian for United
States Air Force Test Pilot School (TPS). Thearcraft dataislisted in Table 1 (reference

7.
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Table1l. Learjet Aircraft Data

AIRCRAFT PARAMETER VARIABLE VALUE UNITS
Weight (Standard Fuel Load) W 13,500 Ibs
Wing Area Sw 231.8 ft*
Wing Span b 39.5 ft
Mean Aerodynamic Chord c 9 ft
Verticd Tal Area S 76.5 ft®
Aircrat Lift-Curve Slope C., 4.967 rad™
Aircraft Zero-Lift Coefficient C., 0.0105 | = -----
Lift Coefficient due to Elevator C_ 0.3631 rad™
%
Lift Coefficient due to Pitch Rate o 37.357 Srad
Aircraft Drag Coefficient dueto Lift Cos 0.1146 rad™
Aircraft Zero-Lift Drag Coefficient C, 00235 | = -----
Drag Coefficient due to Pitch Rate o 4,927 Srad
Mass Moment of | nertia (X,-axis) l 20,000 dug ft*
Mass Moment of Inertia (yy-axis) lyy 22,900 dug ft
Mass Moment of Inertia (z,-axis) |2, 40,000 dug ft*
Product of Inertia (x,- and z-axes) Iz 1,980 dug ft*
Side-Force Cofficient due to Sidedip C, -0.7620 rad™
Side-Force Coefficient due to Rudder . 0.1423 rad™
Side-Force Coefficient due to Aileron C,, -0.0613 rad ™
Side-Force Coeff. dueto Roll Rate C, 8.549 Srad
Side-Force Coeff. dueto Yaw Rate C, 47.423 Srad
Roll Moment Coeff. due to Sidedip C. -0.0945 rad™
Roll Moment Coeff. due to Rudder C 0.0198 rad™
Roll Moment Coeff. due to Aileron C, -0.0791 rad™
Roll Moment Coeff. dueto Raoll Rate C, -25.573 S'rad
Roll Moment Coeff. dueto Yaw Rate C, 22.221 S'rad
Y aw Moment Coeff. due to Sidedip C. 0.0830 rad™
Y aw Moment Coeff. due to Aileron C, -0.0011 rad™
Y aw Moment Coeff. due to Rudder C, -0.0516 rad™
Yaw Moment Coeff. due to Roll Rate C, -3.676 Srad
Y aw Moment Coeff. dueto Yaw Rate C, -6.666 Srad
(cont.)
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Table 1. (cont.)

AIRCRAFT PARAMETER VARIABLE VALUE UNITS
Pitch Coeff. due to Angle of Attack C,. -0.8921 rad™
Pitch Coefficient due Alpha Change Cony -5.615 srad
Zero-Lift Fitch Coefficient C., 00529 | = -----
Pitch Coefficient due to Pitch Rate C.. -864.347 rad™
Pitch Coefficient due to Blevator C, -0.8434 rad™
Maximum Thrugt Right Engine T, 5000 Ibs
Maximum Thrust Left Engine T, 5000 Ibs
X-direction Digtance c.g. to Thrust XT 0.1 ft

Y -direction Distance c.g. to Thrust Vil 3 ft
Z-direction Digtance c.g. to Thrust Z7 0.1 ft
Engine Thrust Angle a; 0.0 rad
Maximum Elevaor Deflection Angle a, 0.2618 rad
Minimum Elevator Deflection Angle a, -0.2618 rad
Maximum Aileron Deflection Angle a, 0.5236 rad
Minimum Aileron Deflection Angle a, -0.5236 rad
Maximum Rudder Deflection Angle a 0.6109 rad
Minimum Rudder Deflection Angle a_ -0.6109 rad
Sea-levd Air Density Mo 2.3769x10™° dugfft’
Universa Gas Congant R 1718 ft Iogdug’R
Sea-level Temperature To 518.69 °R
Gravitational Acceleration g 32.174 ft/sec

Summary

In this chapter the aircraft model wasfirst described. New axes definitions were

presented and the relationships between body, wind and navigation axes were detailed.

The outer-loop equations of motion were then redefined, to produce new control laws.

With the new control laws, Sate variable values were chosen to describe a desired flight

trgectory, and the resulting control settings were determined. Therefore, the outer loop

modd usesthe date variables (V, g, and H) and a specified vaue for either b or f ,, and
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outputs the necessary control variables (a, b, f y, and m). The inner-loop equations use
the aircraft state vaues and the above control settings to determine the aircraft control
surface deflections (da, de, and d;) in the next chapter. Findly, the Learjet arcraft

parameters necessary to calculate the inner- and outer-loops were provided.
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[11. Inner-Loop Analysis

Overview

In Chapter 2, the point mass model was developed to provide abass for the
control laws for the trgjectory of the aircraft. The outer-loop equations were found from
the nonlinear equations of mation and gpplied to the actud Learjet-25 parameters. In
Chapter 3, the outer-1oop equation outputs are used with the transformation matrices and
the remainder of the equations of motion to find the control surface deflections required
to achieve the desired flight trgjectory and orientation. With the outer-loop equations
developed in the last chapter, the inner-loop equations are established to provide aircraft
control laws for the Learjet-25. Sdlected trim conditions are then examined to determine
the equations to predict the required control surface deflections. In Chapter 4, the
equations developed in the previous two chapters are used to Smulate selected flight
trgectories. By choosing the correct input states, the required control surface deflections
for the desired flight path are found. The impacts of variationsin the Sability derivatives
areinvestigated in Chapter 5 to determine which parameters require the most accuracy.
Finaly, in Chapter 6 the theoretical values tested using the Learjet-25 in flight tets are
compared to the theoretical calculations.
I nner-Loop M odel Development

Theinner-loop model uses the trim state variables and the trim control variables
from Chapter 2 to determine the needed trimmed aircraft control surface deflections.

Firgt, the navigation axes Euler angles are cadculated from the known wind axes using the
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relevant trandformation matrix. With the Euler angles and the specified angular rotations
for the desired flight trgectory and orientation, the aircraft’ s angular rates resolved in the
body axes are determined. Next, with the Sx-degree-of-freedom aircraft equations of
motion, a steady- state trim condition was chosen to find the required control surface
deflections from the known arcraft parameters. Finally, assumptions were made for the
arcraft to amplify the control surface deflection equations for the specific trim
conditions.

The body, wind and navigation axes were defined in Chapter 2, with the required
rotation angles to trandate between coordinate systems. Theangles(a, b, f , g, and H)
are used in the outer-loop. Theinner-loop equations use the Euler angles (y , g, and f).
The rdevant axes converson matrix is used to determine the Euler angles.

Navigation Axes Rotation.
Firg, the navigationto-body axes converson matrix was determined using Figure

1. Thefollowing three rotations define the axes rotations

écosY -snY Oy

Cy = gs'n Y cosY OH
g 0 0 1f
gcose 0 dney

_é a
C.=a 0 1 04
g sne 0 cosef

gl 0 0 u

C :g) cosf -sinfg
g snf cosf g
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The coordinate transformation matrix is given by

C, =G C G

écosecosY 9nf Sn écosY - cosf SnY cosf d9n écosY +sSnf dnY
Ch =gcosésinY dnf snésnY + cosf cosY cosf snésnY - anf cosYH (18)

g -dne snf cose cosf cosé g

Wind Axes Rotation.

Thewind-to-body axes rotations are shown in Figure 2. The following two

transformations define the axes rotations

gcosa -dna Oy
—€n3 s U
C,=gna cosa 0

A

g0 0 1§

O
11
o
o 3
g)\
o = O

o
P> > D> D
.

>

D

where the trandformation matrix is

écosacosd - Sna  dnéacosa
C'=C,xC, =Scos&nda cosa sn&na
-dna 0 cosa

(19)

@ (D,

[« oY en ey en?
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Wind to Navigation Axes Rotation.

The wind-to-navigation axes rotations are shown in Figure 3. The following three

transformations define the axes rotation

écosa 0 gnay

_é a
C,=a 0 1 0y
g sna 0 cosdy

¢l O 0 0
_é a
C,=g& cosf, -snf,
g0 snf, cosf,

where the transformation matrix is

Cl, =C, 3C, xC,.

écosdcosH snf, dn&cosH- cosf ,9nH cosf, 9n dosH+dnf, Sn Hu

= gcosaan snf_sn &inH +cosf  cosH cosf ,§n &sinH - snf cosH (24)
g -9né anf , cosa cosf , coséa Q
Combined Rotations.
Now the combined wind and body axesrotation is given by
Cp=C. Gy (25)
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écosecosY dnf sneécosY - cosf SnY cosf 9n écosY +9nf snY U

-

cosésnY snf dnésnY +cosf cosY cosf snésnY - snf cosYH =
-dne snf cose cosf cose ¢!

T D> D

écosacosH gnf  an&cosH - cosf,dnH cosf, sn dcosH +9nf  sn Hu

=gcosésinH anf ,9n ainH +cosf ,cosH cosf, 9n 5sinH-s'ancosHHx
g -sSna gnf, cosa cosf , cosé ¢!

écosacosd - sna snacosay €u G Gl

& LA ~ . . 0_6€ a

gcosasma cosd dnasna 3 =&n Cxn Cyy

é—s'né 0 cosa H s Cxn Gyl

where

C,, = cosdcosHcosacosa+ (inf, d9nacosH - cosf ,9n H)cosasn a+
- (cosf ,9n&cosH+d9nf dnH)sna

C,, = - cosdcosHgan&+(dnf  sn acosH - cosf ,9n H) cosa

C,; = cosacosH snacosa+(anf, sn acosH - cosf ,9n H)snasna+
+ (cosf, 9n &cosH +9nf ,9n H) cosa

C,, = cos&anH cosacosa+(anf gn ainH +cosf  cosH)cosasna+
- (cosf ,andsnH- anf  cosH)sn a

C,, =- cos&inH sna+(anf, 9n &nH + cosf, cosH) cosa

C,, = cos&anH sgn acoséa+(sanf, 9n &nH +cosf , cosH)sn asna+
+(cosf,9n &9nH - Inf  cosH)cosa

C,, = - 9n &cosacosa+dnf, cosdcosasn a- cosf, cosdsn a

C;, =9nasna+ganf  cosacosa

C;; = - 9n dgnacosa+danf, coséana Sn a+ cosf , cosacosa

Navigation Angle Deter mination.

From the above matrix equations, the navigation axes angles were determined.

Equations for both the sine and cosine of the angles were determined to resolve the

quadrant of the angle. For an angle between 0 and g both sne and cosnevaues are
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postive. For postive sine vaues and negative cosine vaues, the angle is between g and

% . Inthethird quadrant (O to - g), sne vaues are negative and cosine vaues are

postive. For an angle between - g and - 3—26 both sine and cosine values are negative.

The navigation axes angles were found by solving the following equations. Setting
individua eements of the transformation matrix equa

Thefirg row, first column terms of both mairices are
cosécosY =c¢,
The second row, first column terms of both matrices are
cosesnyY =c,
Squaring both equations and adding them together
cos’écos’Y +cos?esn?Y =c,’+¢,,°

whichwith cos’ Y +€n?Y =1 yidds

cosé =4/c,” +¢,) (26)

From the third row, the first column terms are

dné=-c, (27)
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From the first row, first column terms

Cy _ Cy

CosY = -
cose \/Cu2 + C212

From the second row, first column terms

C21 — CZl

sny = - = - -
cose \/Cll +Cy

From the third row, third column terms

cosf = o -

cose \/Cll2 + C212

From the third row, second column terms

Snf — C32 — C32

= 2 2
cose '\/Cll *+Cyy

Trim Condition Definitions

(28)

(29)

(30)

(31)

Therefore, two expressions were found for each of the navigation axesangles, y ,

g, and f , asfunctions of the wind axes varidbles. Specific trim conditions are then
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examined, to determine smplified control laws. The equations are not defined a g = 90°,
therefore the flight with the nose straight up is not alowed.

Trim condition 1 corresponds to steady, straight and level flight. A straight and
steady climb is described by trim condition 2. Trim condition 3, astraight and steady
descent, isthe opposite of trim condition 2. Intrim condition 4, leve crabbing flight is
examined. Trim condition 5 isa steady leved turn a a constant angular rate. Next, a
geady dimbing turn is defined in trim condition 6. Trim condition 7 isasteady
descending turn, the opposite of trim condition 6. Trim condition 8 correspondsto a
barrd roll. Next, trim condition 9 describes a steady turn orbit with awegpon pointing at
adationary target. Finaly, trim condition 10 defines a steady leve pitch-over.

Equations for each trim condition are now developed.
Trim Condition 1.

Trim condition 1, steedy, straight and leve flight isdefined asg=1f, =H =0°.
The pitch angle, g, istherefore equal to the angle of attack, a. Thef , iszero and the
heading angle, H, is equd to the Sdedip angle, b. Sidedip angleis assumed to be zero

for trim condition 1, so H isaso zero. The Euler angles are therefore reduced to

f=0° (32)
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Trim Condition 2.

e i -""'-_::i".“- )
e e e— ——____.'L"r.. o7 o

Figure5. Aircraft Climb Definition

A draight and steady climb, trim condition 2, isobtainedwhenf, =H =0° and g
is specified greater than zero. From equations (26) and (27) g isafunctionof a, b and g,
but b isassumed to be zero. From equations (28), (29), (30) and (31) f y iszero sinceb is

zeroandy isaso zero. The Euler angles then smplified to

dng=9ngcosa +cosgsna

cosg=cosgcosa —sngsna

f=0° (33)
cosy =1
sny =0

y =0

Trim Condition 3.
Trim condition 3, astraight and steady descent, isf, =H =0° andg<0°. The
equations are identica to trim condition 2, (Equations 33), but the quadrant check is

necessary to find the correct q angle.
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Trim Condition 4.

Fgure 6. Aircraft Crabbing Hight Definition

A non-zero Sdedip angle, crabbing flight, is described in trim condition 4.

Trimmed crabbing flight isdefinedbyg=H =0°andb * 0°. Theanglef, is
determined from the outer loop equations for the specified b. The Euler angles are found

from equations (26) — (31) and are given by

gnq=cosfygna -gnf, cosa snb

s ~\2 yon ~ . . ’,
c0sq = yc, +C,° = +(cosacosa)’ + (cosf, cosasina +sinf, sn 4)
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anf cosa

cose

anf dnasn &+ cosf  cosa

34
cose (34

_ cosf cosasna+dnf, dna

cose

_ cosacosa

: c
anf = =2 =
cose
c
cosf = =
cosé
. o
sny = —2L
cosée
c
cosy = —
cose
Trim Condition 5.
_Lh-_r"’f.-\_—\_.._\____ﬁ___

Figure7.

cose

A : / ,L“— ¥
nW - ---::"—Eéii—;__a;;;:_---.-' lfI‘:"":n
==
Aircraft Steedy Turn Definition

Trim condition 5, asteady, leve turn, isdefined asg=0° and H(t) = v 4 t. Either

b or f isspecified for the required turn, and the unspecified angle is determined by the

outer-loop equations. The generd equations for aturn are found firgt, and then

amplifying assumptions are made. The Euler anglesare

gnq=cosfygna -g9nf,cosa snb

Cosq = ,[cy, *+Cy,

2
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§nf = S - anf cosa
cose cose

o} anf_ snéasgn a+cosf  cosa
cosf = —3_ = v . v (35)
cose cose

c
sny () = ==

c
cosy (f) = —

by

cose

where the rotation matrix € ements are given by
¢y, =coslv, t)cosacosa- cosf, sn(v , t)cosasna- snf,snfv  t)sna

c,,, =sn(v, t)cosacosa+cosf, coslv , t)cosasna+snf, codv, t)sn &

If the aircraft is assumed to have no Sdedip in theturn (b = 0°), the equations
amplify to the following

snqg=cosf,sna

cosq = /cos?a+sn?f, snZa

: anf,
anf = .
cosé
¢ coss
cosf = m (359)
cose
. _dn(v,t)cosa+snf codv ,t)snéa
any (t) = N
cosé
cosy () = cosv, t)cosa- snf sdn(v, t)sna

cosée
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If the aircraft is assumed to have no bank angle rdative to the velocity in the turn

(f v = 0°), the equations smplify to the following for the Euler angles

f=0° (35b)

Trim Condition 6.

Figure 8. Aircraft Climbing Turn Definition

Trim condition 6, a steady climbing turn, isdefined asg> 0° and H(t) = v 4t.
Either b or f  is gpecified for the required turn, and the unspecified angle is determined

by the outer-loop equations. The genera equations for aturn are found first, and then

amplifying assumptions are made. The Euler angles are
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dnqg = gn acosacosa-dnf  cosdcosasna+ cosf, cosasn a
cosq = +/c, +C, (WhereH(t) =V 41)
y — C32 —
gnf = —= (whereH(t) = v 41)
cose

C33

cosf = -
coseée

(Where H(t) = v 41) (36)
dny (t) = % (where H(t) = v , 1)

cosy (t) = % (Where H(t) = v 4 1)

If the aircraft is assumed to have no Sdedip in theturn (b = 0°), the equations

smplify to the following

sn g = dn &cosa+ cosf, cosésna

. anf, cosa
anf = —Y—— (363)
coseé
cosasin (v, t)cos4 - [cosf sn &in(v 4t)- snf, cosv ,t)]sn &
cose

sny (t) =

If the aircraft is assumed to have no bank angle relaive to the velocity intheturn

(f v = 0°), the equations smplify to the following
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dn g = gn acoséacosa+cosasna

snf = 518 (36b)
cose

sny (t) =

cosdsn (v, t)cosé cosA + cosf , cos(v 4t)cosacosa- cosf, snaEn (v 4t)sna

cose

Trim Condition 7.
Trim condiition 7, a steady descending turn, isdefined asg< 0° and H(t) = v 4t.
The equations are identicd to trim condition 6, (Equations 36), but a quadrant check is
necessary to find the correct g, f andy (t) angles.

Trim Condition 8.

Figure 9. Aircraft Barrd Roll Definition
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Trim condition 8, asteady barrel roll, isdefined asb = H =0° and f (t) = v t.

The angle, g, must dso be specified. The Euler anglesare

snq(t) = dn acosacosa + coivat)cosésin a

cosq(t) = 4/C,)” +C,,° =

J(cosécosé)z - ZCoséicosécosG/fvt)s'n a+ [cos(vat)sjn és'néj2 + [s'n (vat)s'n éj2

_ c ganlv, t)cosa
snf (f) = —2 = V.. )\
cosée cose
c sn asna+cos\; t)cosdcosa
cosf (t) = == = 6’\“ ) (37)
cose cose
. C snlv, tjanéa
sny () = =25 = b, )
cose cose
C cosdcosa- cos(v, t)ysn asn a
cosy (t) = —* = —
cose cose
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Trim Condition 9.

Figure 10. AC-130 Gunship Maneuver Definition

Trim condition 9, asteady leve turn with a gun pointed out the side of the aircraft
at agationary target, isdefined by g = 0° and H(t) = v , t. Thearcraft height (h) above
the ground isafunction of V, n (load factor), and e (gun eevation angle). Sdedipis
assumed to be zero (b = 0°), producing the same equations as a leve turn, (Equations
35a). From Figure 10, the radius (r;) of the orbit is defined by the aircraft velocity and

load factor. The bank angleisafunction of the load factor. The aircraft height above the

ground is afunction of orbit radius, bank angle, and wegpon depression angle.

f,= arccosgé—'g
eng

h=r tan(f, +e)



The three equations were solved together to form an expression for aircraft height
(Equation 38). Sample cdculations are shown in Appendix A. The equations combine to
form

1
e
h=_ vn’-1 v

- 1- Vn? - 1tane 9

1+ tan

(38)

Therefore, the required aircraft height above the target is only afunction of
alrspeed, load factor, and weapon depression angle. If the weapon depression angleis
reduced to zero, the required aircraft height equation reducesto h = V?/g. Toincreasethe
height above the ground, the weapon depression angle must beincreased. If e isassumed
to be a non-zero postive number, the maximum height is found by differentiating
equation (38) and stting it equa to zero. Simplifying the equation results in ymax= J2.
Subdtituting the load factor for maximum height produces equations (39) for the

maximum height above the target, maximum bank angle and radius.

f =45° (39)
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The hnax equation (39) isundefined at e = 45°, therefore the maximum haght
above the target occurs as e approaches 45° with abank angle of 45° or essentidly
pointing straight down.

Trim Condition 10.

"

Figure11. Aircraft Pitch-over Definition

Trim condition 10, alevd flight pitch over, isasubset of trim condition 1
(V<= &= = 0°). Thismaneuver isenvisioned for use a pointing afixed line-of-sight
weapon from the bottom of the aircraft at a stationary target. The pitch change rate, wy,
isafunction of arcraft velocity and ry. Therefore rq = V/wg to point at a stationary target

below the aircraft.
Aircraft Rotation Rate Deter mination

With the Euler anglesin the navigation frame, the aircraft angular change rates

resolved in the body axes are then determined. Steedly level flight (V<= &= = 0°), isa

36



subset of asteady turn (V<= &= 0°; < 0°). Theinner-loop equations are solved for a

seady turn. From the Euler equation (1: Chapter 2).

&8 & snftane cosf tanél éPU é0U
€l _ @ : 0,8~U_énu
AN, = - > X =<0~
8=  cosf snf QL= 80¢

&Y g0 snfsece cosf secef @Ry
the aircraft angular rates are obtained

éPu &l snftané cosf taney” 0
& \u_é : a é,u
A= ] - > X0~
SQLJ ;O .cosf anf G (?OU
Ry & dgnfsecé cosf secey
6Py € - HEneé U

&0 _ €5 .0

Q= aMSnf cosey (40)
gRE §Freosf cosey

For the aircraft in a steady leve pitch over, the equations become

€% ¢l dnftaneé cosf tanél éPU 60U
esd_é r 0.6~U_&, U
géu_go .cosf snf 2€Qu=gw, ;
&/U g0 snfsece cosf secef @R B0

the aircraft angular rates are obtained
&Py & snftaneé cosf tanéy’ 00

e-U_ & : a & U
ng:J_go cosf -anf G ><§/\4”:J
&Ry & gnfsecé cosf seceg g0H
éPu é 0 U

& u_é a
evda~ éV\{‘COSf G (41)

&Ry éwsnfg
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For the aircraft in a steady roll, the equations become

€Y & dnftané cosf tanéd éPu ény

WU
géﬁ:go cosf -dnf Q=80 &
&Y @ snfsecé cosfsecef gRE GO

the aircraft angular rates are obtained
éPuy él snf tane cosf tané-g'1 én U
ngdng cosf -anf 3 XZOH
R & dnfsecé cosfsecey E£0§
ePa en,d
Uu_é,u
&di=e % g (42
&Ry e04q

Control Surface Deflection Deter mination
The sx-degree-of-freedom equations of motion are used to find the aircraft

control surface deflections from the equations previoudy determined. Figure 12 shows

the definition of moments and forces.
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Moment Model Definition.

Figure 12. Three Dimensond Aircraft Moments and Forces

The thrust term, T, from the outer loop mode was divided into two terms, T; and
T,. T isthethrust from the right Sde engine, while T isthe thrust from the left Sde

engine. The three moment of inertia equations of motion are (1. Chapter 2)

<= (cR+c,PQ+c,L +c,N (43)
&F=c,PR- ¢, (P*- R +c,M (44)
= (c,P- c,R)Q +c,L +c,N (45)
with the following definitions
_ (Iyy_ IZZ)Izz' |><z2 _
ST e
-1 +1_)
Ixxlzz - Ixz " N
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6 mpzrz
yy
1
C7——I
yy
2
_(Ixx-lyy)|xx+|xz
C =
8 I -2
XX " zzZ Xz
|
—_— XX
G2
XX " Z2Z Xz

L=L,+L+L,+L, +L, +L,
M =M, +M, + Mg+ M, +M, - M,
N =N, +Ng +N, +N, +N, +N;

T=T +T,

Roll Moment Definition.
The roll moment, L , is defined as al moments about the x,-axis. L is composed
of the following terms

Lp=C,P>gb (Roll moment dueto aircraft roll rate)
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LR

C R xa b (Roll moment due to arcraft roll yaw)

I
o
I

C.a >a b (Roll moment dueto aircraft Sdedip angle)

&, >a b (Roll moment due to aircreft aileron deflection)

aa

|
I}
9]

8a

L,=C, & > b (Roll moment due to aircraft rudder deflection)

L, =y,sna,(T, - T,) (Roll moment due to asymmetrica trust)

Pitch Moment Definition.
The pitch momert, M, is defined as al moments about the y,-axis. M is

composed of the following terms

Mo = C,,_ g ¢ (Egilibrium pitch moment)

Ma=C,.a ﬁE (Pitch moment due to aircraft angle of attack)

Mg = kaéé(_q c (Pitch moment due to the change in aircraft angle of attack)
Mq=C, Q xq ¢ (Pitch moment due to aircraft pitch rate)

M, = Cmae a, >(_46 (Pitch moment due to aircraft elevator deflection)

a,

M, =(z,cosa; +Xx,9n4;)(T, +T,) (Pitch moment due to thrust)

Yaw Moment Definition.
The yaw moment, N, is defined as al moments about the z,-axis. N is composed

of the following terms
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Ne=C, P ><_q b (Yaw moment dueto aircraft roll rate)

Nr= C, R>gb (Yav moment dueto arcraft roll yaw)

Np = C,.a>q b (Yaw moment dueto aircraft sideslip angle)

N, =C,, & xq b (Yaw moment due to aircraft aileron deflection)

N,, = C,, & >qb (Yaw moment dueto arcraft rudder deflection)

N, = y;cosa,(T,- T,) (Yaw moment dueto asymmetrica trust)

Control Surface Deflection Equations.
With moment equations of motion, aircraft trim conditions are determined. In the
most generd trim condition, al three angular accelerations (F<@Sand K) were set to

zero. With the gppropriate variable subgtitutions, the equations of motion (43)-(45) are

P=0=
C, PQ+C, QR+c3(_qb(CI P+C R+C a+C & +C _4&)+cy,sna,(T,- T)+
PCI_ qr P r a da ar (46)
+ C4qb(Cin+ C:nr R + C:naa-‘- (:né1 a‘a + Cnaar) + C4yT COSé‘T (TZ - Tl)
é: 0=
2. qc 2 <+ + a) +
Cmp, PR + Cmp2r2 (R Pz) + C7qC:(C:mo + Cméa+ kaa Cmq Q Cmaeae) (47)

- C,(z,cos4,; +x,9na; )(T,+T,)

R<: 0=
C, PQ- C, QR+c,qh(C, P+C,R+C, a+C, & +C, &)+Cy, 0084 (T,- T,)+
+¢,0p(C, P+C R+C a+C_&,+C &)+cy,9na(T,- T)

(48)
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Solving equations (46) and (48) for d, and d; resultsin the following matrix

&.C, +c,C, cC, +cC, Uea, 0 _ -1€

~ P
& )
&:Co, *&C, GC,, +CC, ge.éaTH P &,

Ny

where

Cp = G quQ+ G quR + C3yTs-néT (Tz B Tl) + C4yTCOSéT (Tz B Tl) +
+0blc,(C, P+C, R+C 8 +c,(C, P+C, R+C, 8]

C = CnquQ - qu,QR +CoYr COSéT (Tz - Tl) + C4yTgn é'r (Tz - Tl) +
+0blc,(C, P+C, R+C, 8 +¢,(C, P+C, R+C, ]

which smplifiesto

g’cr(cgclér +c,C,, ) - G (cC,, +c,C,) H
.0 _ (GG, *6C,) - a(6C, +eCh g (49)
%‘rH qb[(C?)C'_% + C4(:r1(-.jIa )(CQC:n;-,-,r + C4CI & ) - (C3C| & + C4C:ﬁg;\r )(C9Cnée + C4C:|'aﬁl )]

Solving equetion (47) for de

de=

C,(z;c088; +x,8n4, )(T, +T,)- C, PR- C, . (R*- P?) C, +C,a+C, &C, Q
Cm_a C7q_C ) Cm.

de

(50)

If it is assumed that the thrust is the same from both engines (T1=T5), Equation

(50) smplifies to the laterad- direction equations
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é—CrOT (C3CI 4 + C4Cn 4 ) - CpoT (CgCn 4 + C4C|a_r )@
e u
U _ é:po_r (Cgcnéa + C4C|aa) B CroT (Csclaa + Cztcné\a )g
%rld qb[(CSC|,aa + C4Cn.aa )(CgcnéT + C4C|ér ) - (C3C|5f + C4Cnar )(Cgcnéia + C4C|‘aa )]

(51)

where

,,, =C, PQ+C,_QR+b[c,(C, P+C R+C 3 +c,(C, P+C, R+C, 3]

Po

¢, =G, PQ-C, QR+ ab[cg(cin+ C,R+C,a+¢c,(C, P+C R+C, 3]

The longitudind equation (50) is not amplified by this assumption, snce both engines
thrust produce the same longitudina moment.
SUmmary

In this chapter, inner-loop equations were devel oped to solve the control surface
deflections, from a given set of control variables and state variables. For adesred
trgectory and orientation the Sate variables were determined and the outer-loop
equations were used to solve the required control variables. The equations developed in

this chapter used the values from the outer-loop and the desired angular acceleration

vauesin an inner-loop system to determine the required control surface deflections.

Therefore, by choosing the varigbles h, a, \%/ ,(f,ord),H, v, v, v,adT;to

describe the flight path, the required aircraft settings are found. Now that the equations
were developed, specific flight paths and orientations are examined and control surface

deflections calculated in the next chapter.



V. Aircraft Flight Trajectories

Overview

In Chapter 2, the point mass model was developed to provide abasisfor the
control laws for the trgjectory of the aircraft. The outer-l1oop equations were found from
the nonlinear equations of mation and gpplied to the actud Learjet-25 parameters. In
Chapter 3, the outer-1oop equation outputs were used with the transformation matrices
and the remainder of the equations of motion to find the control surface deflections
required to achieve the desired flight trgectory and orientation. In Chapter 4, the
equations developed in the previous two chapters are used to Smulate sdlected flight
trgectories. By choosing the correct input states, the required control surface deflections
for the desired flight path are found. Selected aircraft flight trgectories are examined
using the control laws developed in the last two chapters. By choosing the correct input
dates, the desired flight path and orientation for the Learjet-25 is determined. The
impacts of variationsin the stability derivatives are investigated in Chapter 5 to
determine which parameters require the most accuracy. Findly, in Chapter 6 the
theoretical vauestested using the Learjet-25 in flight tests are compared to the
theoreticd caculations.

The control laws are developed to provide an automatic control system for the
arcraft. The goa wasto provide smple inputs, to produce the necessary performance

from the arcraft. A Matlab® routine was devel oped, using the aircraft control laws, to
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solve the equations from the gate variable inputs. The Matlab® commands are shown in
the Appendix B.
Trim Condition Investigation

In this chapter, input State variable scenarios are examined to determine the
predicted aircraft behavior. The results are compared to the equations from Chapter 3.
Each of the trim conditionsis solved for the required control surface deflections. The
most basic case examined is trimmed steady, leve flight on adraight trgjectory, trim
condition 1. Next, trim conditions 2 and 3, climbs and descents, are explored by varying
the arcraft flight path angle. Aircraft crabbing (trim condition 4), flight with non-zero
gdedip, isinvestigated by varying b and the resulting f . Then the different definitions
of asteady-levd turn are examined by solving the variaions of trim condition 5. Next,
trim conditions 6 and 7, trimmed climbing and descending turns, are examined. The
barrd rall, trim condition 8, isexamined by setting the changein roll angle equd to a
congtant. Next, the specia case of the AC-130 gunship flight maneuver (trim condition
9) isgudied. Theflight trgectory is defined by a steady, level turn with the gun barrel
pointing out the Sde of the aircraft pointing at a stationary target. Trim condition 10, a
condant rate pitch over, isthe lagt trimmed flight maneuver evduated. Each trim
condition maneuver are now detailed.

Trim Condition 1 Investigation.
Thefirg flight condition examined was the most basic trimmed condition: level

flight with no turning. Al theinput States, 4, f ,, & #< é%and FF, are set equal to zero.

First the vdidity of the equations over the operationa envelope was investigated. After

finding the trimmed steady, levd flight condition, the remaining flight input parameters
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were varied to show the affect on the control surface deflection values. The dtitude was
varied between 9,000 and 20,000 feet (ft), to determine the effect on the trimmed flight
condition. By changing the atitude, the stlandard atmosphere density and temperature
changes, which affects the amount of eevator deflection (de) and thrust (T) required from
the engines. Next, the influence of aircraft weight on T and de was investigated by
varying the aircraft grossweight. The airgoeed effects were then examined by varying
the arcraft velocity from the equilibrium value. Findly, asymmetricd thrust was

andyzed by varying the amount of thrugt from the right engine at the trimmed steady
level-flight condition. Asymmetrica thrust could be used as a control input to creste
yawing moments about the center of gravity.

A center test point flight condition was chosen to standardize the flight
parameters. A standard aerospace atmosphere and constant gravitationa accderation
were chosen to perform al the caculations snce smplified models exist and are
typicaly used to dlow comparisons between test conditions. The aircraft derivatives
were assumed valid from 9,000 to 20,000 ft, the standard test altitude was chosen as
15,000 ft. Standard atmosphere equations were used to cal culate the corresponding
dengity and temperature for the selected dtitude. Also, the derivatives were assumed
gpplicable for aircraft velocities between 237 knots indicated airspeed (KIAS) and 326
KIAS. Therefore 267 KIAS (approximately 450 feet per second) was chosen as the
sandard test velocity. The center test point operating weight for the Learjet-25 was
chosen to be 13,500 pounds (1bs).

The control law equations were solved at the center test point conditions. The

rudder, d,, and alleron deflections, d,, are zero, since the aircraft does not produce lateral-
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directiond momentsin steady level flight. The required devator deflection, de, was -0.02
radians (rad) or -1.17 degrees (deg), for leve flight at the center test point condition. It
was found thet the aircraft nose must point up dightly to maintain leve flight, so the

angle of attack, a, and the pitch angle, g, were both 0.0782 rad (4.48°). Theanglesa and
g arethe same since dl other aircraft angles are zero. These values match the equations

(32) found in Chapter 3. For steedy leve flight at the andard test condition, the aircraft

required 1,053 Ibs of thrust. The angular velocities (&S &SP, Q,and R) and

accelerations (L@ and K), and aircraft angles (8, &,f ,,and H) weredl zero. This
flight condition is used as the basdline for comparison for the remainder of the flight

scenarios examined. Thefirg flight parameter explored is the dtitude effect.

Altitude Effect Invedigation.

Straight and Level Altitude Effects

\ [

3 —+— Elevator Deflection (deg.) [
§ —m— Angle of Attack (deg.) [ _|
e
2
(o]

c
< ——
8000 . — 16000 20000
—
3

Altitude (ft.)

Figure 13. Elevator Control Surface Deflection (de) and Angle of Attack (a)

verses Altitude (h)
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The control law equations were solved for various dtitudes over the applicable

envelope. Changing the dtitude affects the required thrust of the aircraft. The higher the

dtitude, the lower the temperature and air density, which lowers the required thrust.
Therefore, the only parameters that changed werea, g, T, and the required de. q was

equa to a at dl points. Figure 13 shows the relationship between dtitude and the

required de and the aircraft angle of attack, a. The required elevator deflection varied up

to 2.38° over therange of vdid dtitudes. A nearly linear relaionship was observed, with

-0.22° of de required for every 1,000 ft increase in dtitude. A Smilar relationship was

observed for a, with a0.21° increasein a, for every 1,000 ft increase in dtitude. The

required thrust was dso varied over the dtitude envelope.

Thrust (Ibs.)

Straight and Level Altitude Effects

1300

1200

1100

1000

| —— Thrust (th) (Ibs.) |

900

800
8000

12000

Altitude (ft.)

16000

20000

Figure 14. Thrugt (T) verses Altitude (h)
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The linear relaionship between dtitude and required thrust is shown in Figurel4.
Changing dtitude had a moderate effect on the thrust, with a 350 Ibs difference between
the top and the bottom of the dtitude envelope. For each 1,000 ft increase in dtitude,
32.4 Ibsless of thrust was required to maintain trimmed flight. This result was expected
sgnce the lower dengity a a higher atitude reduces the drag, which reduces the required
thrust.

Weight Effect Investigation.

Straight and Level Weight Effects

6

—+— Elevator Deflection (deg.)

—— Angle of Attack (deg.)

2

Angle (deg.)

11900 NMWONN& 14000 15000

Weight (Ibs.)

Figure 15. Elevator Control Surface Deflection (de) and Angle of Attack (a)

verses Aircraft Weight (W)

After examining the effect of dtitude on the trim condition, the aircraft gross
weight was varied around the center weight of 13,500 Ibsto find the impact on the
control settings. The aircraft weight range was chosen between 12,000 and 15,000 Ibs.

The results are shown in Figure 15. Changing the aircraft weight changed the amount of
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lift required, which was directly rdaed to a. The devator angle was varied by changing
a. Therefore, the heavier the arcraft, the more negetive de and podtivea required for
trimmed leve flight. The dope of the weight line was gregter than for the dtitude study:

a1,000 Ibsincrease in weight requires a 0.34° decreasein the elevator deflection angle.

A smilar rdaionship wasfound inthe a, a 1,000 Ibsincrease in weight requires a 0.32°

increase in angle of attack.

Straight and Level Weight Effects

1100 ‘

—+— Thrust (Ibs) !
= ——
—
4,,,4k”””/’4

~ 1050

Thrust (Ibs

///

1000 g—

950
11000 12000 13000 14000 15000

Weight (Ibs.)

Figure 16. Thrust (T) verses Aircraft Weight (W)

Again alinear rdationship was noted for thrust over the weight flight envelope
(see Figure 16). Weight changes have alimited impact on the required thrust of the
Learjet-25. A 1,000 Ibsincrease in weight resultsin only a 23.1 |bsincrease in thrust.

The variation was caused by the increased weight, which increased the required a to
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produce more lift, which increased drag. Now that the effect of changing the aircraft

weight is known, changesin velocity are presented.

Vdocity Effect Investigation.

Straight and Level Velocity Effects

3 | | —— Elevator Deflection (deg.)
S [|—=—Angle of Attack (deg.)
)
<, [
400 450 4+ 500 550
I

Velocity (ft./sec.)

Figure 17. Elevator Control Surface Deflection (de) and Angle of Attack (a)

verses Aircraft Veocity (V)

The next Seedy leve flight parameter examined was the affect of achangein
veocity from the equilibrium velocity of 450 feet per second (ft/s). The test points were
chosen over the assumed valid range for the aircraft derivatives, from 237 KIAS (400
ft/s) to 326 KIAS (550 ft/s). To achieve the velocity change, while maintaining steady
flight, the trimmed thrust setting was changed to vary velocity. This resulted in achange

ina, and the required de. The rest of the control variables were not affected. The results

are shown in Figure 17. Second-order relationships with velocity were seen for both de
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and a. Asthe vedocity was changed from 400 ft/s to the upper limit of 550 ft/s, the

required de was increased 2.89° and a was decreased 2.73°. Therefore, increasing the

argpeed required asmaller negative de to maintain trimmed leve flight, with a

corresponding decreasein a.

1400

Straight and Level Velocity Effects

1300 ~| —e— Thrust (Ibs.)l

. 1200
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Thrust (Ibs

=
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900

800
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Velocity (ft./sec.)
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Changing the velocity from the steady State vaue had a moderate impact on the

Figure 18. Thrugt (T) verses Aircraft Veocity (V)

required aircraft thrugt, as shown in Figure 18. The parameters have alinear relaionship

with adope of 3.2 Ibs of thrust per ft/s. When increasing the airspeed from the lower

limit of 400 ft/s to the upper limit of 550 ft/s, 478 Ibs more thrust was required. The

result was expected, since higher velocity resultsin more drag requiring more thrust. The

firg three parameters affected the longitudina stability of the aircraft; next alaterd-

direction parameter will be presented.
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Asymmetrica Thrust Effect Investigation.

Straight and Level Asymmetric Thrust Effects
I | | | |
, ~ —+— Aileron Deflection (deg.)| |
T —=— Rudder Deflection (deg.)| |
1 T~y
S 4
s 0 ——
()
E” 2 4 }\%\Pﬁd?o
< 1 .\
, .\\'\
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Right Engine Thrust (%)

Figure 19. Aileron Surface Deflection (d5) and Rudder Surface Deflection (d,)

verses Percent of Right Engine Thrust

The Learjet has two engines, on each sde of the center of gravity. If the thrust
from each engineis not the same, roll and yaw moments will be created about the center
of gravity. Asymmetrica thrust was examined by caculating the percentage of thrust out
of theright engine. An input of 100%, represents dl the thrust was from the right engine,
with 0% from the left engine. For most caculationsin this study it was assumed that
50% of the trust was from each engine. The pitch control variables (de and a) were not
changed with athrust asymmetry since the longitudind forces and moments remained
condant. To maintain steady leve flight, with asymmetricd thrug, the aileron (d) and
rudder (d;) were deflected. Figure 19 reproduces the relationship between asymmetrica

thrust and the required lateral control surface deflections. Linear relationships were



observed for both control surfaces. For aone percent increase in thrust from the right
engine over the left engine, a0.01° decreasein d, and a2 0.05° decreasein d; were
required. Thus, if 60% of the tota thrust was from the right engine (a 10% increase), da
must be decreased 0.13° and d; decreased 0.53° from the symmetrica test condition
Now that steady leve flight has been examined, some other smple trimmed flight
maneuvers will be studied.

Trim Conditions2 and 3 Investigation.

The next aircraft maneuvers examined were sraight and steedy trimmed climbs

and descents. The aircraft was assumed to remain in the same orientation, so the angular

rotations and accderations, P, Q, R, PREf RS éSand K, were dl ill zero. Initialy the
maneuver was limited to the longitudina plane, sothat & f,,and H wereaso zero. A

Seady change in dtitude was achieved by setting the flight path angle, g, equal to anon-

zero vaue and solving the control law equations for trimmed flight.

Flight Path Angle Effects
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Figure 20. Elevator Surface Deflection (de), Angle of Attack (a) and Pitch Angle

(q) verses Hight Path Angle (g)
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From steedy straight and leve flight, the aircraft maneuver examined was a
change in dtitude by atrimmed climb or descent. The input parameter, g, was varied
while the rest of the input parameters were unchanged. The climb angle was varied until
the upper and lower limits of the available thrust were found. The required angle of
attack and pitch angle were also caculated. The maneuver was limited to the
longitudina plane; therefore d, and d, remained zero. Thegraph of g, de and a are shown
in Figure 20. Angle of atack and eevator deflection reman nearly constant for dl g.

The pitch angle was linearly related to g with a 1.0° changein g resulting in the same

changein q.
Flight Path Angle Effects
4000 I I
—m— Thrust (th) (Ibs)
”
= 1
® 2000
2
= ,_4/
—
/W.///
f
1 0 ) 2 4
Flight Path Angle (deg.)

Figure21. Thrust (T) verses Hight Path Angle (g)

Therate of dimb isdirectly related to the amount of required thrust. Hight path

angle and thrust are shown in Figure 21. Gamma and thrust are a non-linear function of

sne and cosine, which flatten out near g=0°, and increase as g increases. Smdl changes
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in flight path angle produce alarge change in required thrugt, epecialy the further from
level flight. Therate of climb, and associated flight path angle, require more thrust as g
increases. Also for atrimmed descent, little to no thrust isrequired. The lower limit of g
corresponds to zero thrust required to remain trimmed. Next alaterd-directiond trim
condition was investigated, during crabbing flight.
Trim Condition 4 Investigation.
Leve crabbing flight with a non-zero sdedip angle was examined in trim

condition 4. The aircraft was assumed to bein leve flight, with a constant heading. The
forces and moments were balanced, therefore P, Q, R, RSEX RS éSand X were dl zero.
Theanglesgand H were dso sat equal to zero. Thevaue of b began at zero and was
increased in magnitude in both the positive and negative directions until alimit was

reached. Since b was specified, f , was determined from the outer-loop equations to
balance the forces and moments. The Learjet-25 had a+10° b limit, which wasthe
limiting factor in the Sdedip investigation. The longitudina parameters T, a, g, and de

were essentialy constant for the entire range of b examined.
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Sideslip Angle Effects
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Figure 22. Aileron Surface Deflection (d,), Rudder Surface Deflection (d,) and

Bank Angle (f ) verses Sidedip Angle (b)

In graight and leve flight, b was varied to the limits, while the rest of the input
variables were held congtant. The laterd-directiond parameters were caculated and
plotted in Figure 22. Aileron deflection was inversdy proportiona to the sdedip angle,
with a0.79° decreasein d, for every 1.0° increasein b. Conversdly, d; increased as b
increased, with a1.63° increasein d; for each 1.0° increasein Sdedip angle. Findly,
bank anglewaslinearly relatedtob. A 0.70° increasein f corresponded to a 1.0°
increasein b. Next, another |atera-directiond trim condition, a steedy, level turn, was
investigated.

Trim Condition 5 Investigation.

Levd turnswere investigated by varying bank angle and Sdedip angle. The

arcraft was assumed to bein leve flight with a congtantly changing heading, H=v 4t, a

function of time. Thef ,, and b were determined by specifying one variable and
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cdculating the other by the outer-loop equations. The control surface deflections are
constant with respect to time. In Figure 23, f ,, was specified. For trim condition 5, gwas
also set equd to zero. The parameters T, a, q and de did not change significantly when f
was varied. The limiting factor was the maximum d;. The bank angle was varied both

directions until the rudder limit was exceeded.

Bank Angle Effects
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Figure 23. Leve Hight Aileron Surface Deflection (d,), Rudder Surface

Deflection (d) and Sdedip Angle (b) vs Bank Angle (f )

From Figure 23, there was alinear rdationship between f , and d,, d, and b.
Aileron deflection was inversdly proportiond to f ,, with a 1.0° increase in bank angle
decreasing d, by 1.38°. On the other hand, when f , was increased 1.0°, d, increased
2.85°. Findly, thedopeof theb per f linewas 1.75°/°. Next the more genera cases of

Seady turns were investigated, when the flight path angle was not zero.
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Trim Condition 6 Investigation.
For trim condition 6, aturn rate and climb angle were chosen to explore the effect
of bank angle on aclimbing turn. Asin trim condition 5, the heading angle was

described by H = v 4t. Additiondly, g was defined as a positive angle. Asbefore, f

was varied until an aircraft parameter limit was reached, and b was caculated from the
outer-loop equations. The rudder deflection was till the limiting factor for this case.

The pitch angle changed dightly over thef , range examined, so q was aso plotted.

Climbing Turn Bank Angle Effects
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Fgure 24. Climbing Hight Aileron Surface Deflection (d5), Rudder Surface

Deflection (d;) and Sidedip Angle (b) vs. Bank Angle(f \)

The arcraft parametersfor trim condition 6 were nearly identica to trim
condition 5. The datawere plotted in Figure 24. The dope of dJ/f v and b/f , did not
change. Thedopeof d,/f  decreased from 2.85°/° to 2.84°/° for thiscase. The pitch

angle decreased dightly as the magnitude of f  increased. The g began at 7.84° and
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decayed t0 3.58° at f , =+11.46°. Next adescending turn was investigated by restricting g
to negative values. Thrudt results were nearly identica to the flight path angle
investigation, as expected.

Trim Condition 7 Investigation.

Descending Turn Bank Angle Effects
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Figure 25. Descending Flight Aileron Surface Deflection (da), Rudder Surface

Deflection (dy) and Sidedip Angle (b) vs Bank Angle (f )

The next arcraft maneuver investigated was trimmed descending turns. The
assumptions and limitations for trim condition 7 are identica to trim condition 6 with one
exception: gwas negative. The results are shown in Figure 25. The dopes of dl three
linear relationships were unchanged from trim condition 6. The primary difference

between this case and the previous trim condition was the effect of gon g. Lowering the
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g, shifted the g curve down and flattened the curve, making g less of afunction of g. The

next trim condition examined was the ralling effects during a barrd roll.

Trim Condition 8 Investigation.
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Figure 26. Bard Roll Aileron Surface Deflection (d,) and Rudder Surface

A barrd roll, with constant roll rate about an axis above the x,-axis, was moddled

intrim condition 8. The barrel roll was defined asb =H =0° and f (t) = v t. The

flight path angle was also s&t to a positive number. By redtricting b to zero, the radius

from the axis of rotation, r,, was zero. Therefore trim condition 8 was theroll rate of the

arcraft. Toincreaser,, b must be increased to a positive number. Thelarger b, the

larger r,. Non-zero b was not investigated. The parametersa, q, T, and de remained

congtant. The lateral-directional control surface deflections were linear functionsof v
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(see Figure 26). Theroall rate-limiting factor was the amount of d, available. The

influence of rall rate on dr was small; a0.01 deg/sincreasein v created a 0.64°

decreasein d;. Meanwhile, a0.01 deg/sincreasein v produced a3.39° decreasein da.

The Learjet-25 cannot complete arall. Thisinvesigation only examined the trimmed
condition to start the rall from wingslevel. While acomplete roll may be mathematicaly
possible, the maneuver was not physicaly possble with thisarcraft model. In the next
trim condition, an operationally representative AC-130 gunship orbit was studied.

Trim Condition 9 Investigation.

The first misson representative arcraft maneuver examined was the orbit of the
AC-130 gunship. The orhit trgjectory was described by atrimmed level steady turn (trim
condition 5). The parametersd,, d;, and b aredl functionsof f . Figure 23 dso applies
to trim condition 9. For the AC-130 orbit, the aircraft height above the target, orbit
radius and bank angle were varied as functions of load factor and weapon depression
angle. Theveocity was held congtant at 450 ft/s. Figure 27 shows the effect on height

above the target, and Figure 28 showsthe rdationship of r; and f , to n.
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AC-130 Gunship Height
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Figure 27. AC-130 Gunship Weapon Depresson Angle (e) and Load Factor (n)

verses Height (h)

The height of the gunship orbit above the target is a function of weapon
depression angle and load factor (see Figure 27). For the wegpon depression angle curve,
the load factor was fixed at 1.15, which resulted in an orbit radius of 11,083 ft and a bank
angle of 30°. As the wegpon depression angle asymptotically approached 45° the haght
above the target gpproached infinity. For the specified flight condition, the minimum
height above the target was 6,294 ft. For the load factor curve, the weapon depression
angle was set at 20°, and n was varied from 1.0 to 1.4 (the maximum bank angle). The
height approached aminimum at 12,850 ft and increased dightly as n approached 1.4.
Asthe load factor approached 1.0, the height above the target approached infinity.
Utilizing the load factor curve, the wegpon depression angle curve would move dightly
right as load factor increased and dramatically right as n gpproached 1.0 since n=1.15 was

near the minimum of the load factor curve.
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The effect of load factor on orbit radius and bank angle is shown in Figure 28.

The orbit radius curve asymptoticaly approached 5,000 ft as load factor approached the

upper limit. Also, as n approached 1.0, the orbit radius gpproached infinity (as expected

gncen=1.0islevd flight). The bank angle curve gpproached 0.0° as n approached 1.0.

Likewise, a the upper limit as n gpproached 1.4, f , approached 45°. Both curvesare

independent of e and gpply to dl trim condition 9 flight conditions.
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Trim Condition 10 I nvestigation.

Pitch-Over Effects
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Figure 29. Pitch-Over Elevator Surface Deflection (de) verses Pitch Rate (Q)

Thefind arcraft maneuver investigated was the trimmed pitch-over. The
purpose of trim condition 10 was to creste a maneuver where a device mounted to the
bottom of the aircraft was pointed at afixed target below the aircraft. By defining the
correct V and v , aradius, rq, was defined for the trgjectory arc. The pitch rate dictates
the amount of time the device points at thetarget. A dower pitch rate produced alonger
time on target. The maneuver was defined as leve with g=0°. Levd flight with g=0°,
produced a condantly changing a. For adow pitch rate, leve flight would not keep the

device pointed at agtationary target. The pitch angle varied continuoudy throughout the
maneuver. The maneuver was d<o limited to the longitudind plane; therefore dl latera-

directiond parameters were negligible. The primary parameter of interest for trim
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condition 10 was de. The datawere plotted in Figure 29. The pitch rate was varied from
0.0 deg/sto the elevator deflection limit 15 deg/s. The devator control surface deflection
was alinear function of the pitch rate. A 0.01 deg/sincreasein pitch rate resulted in a
10.27° decreasein the required de.
Summary

Individua trim conditions were investigeted in Chapter 4. For sraight and level
flight, nearly linear relationship were found for de and thrust for both dtitude and weight
changes. For velocity changes, alinear relationship was found between velocity and the
thrust setting. Vel ocity changes produced a second order relationship with de though.
The asymmetric thrugt investigation found linear functions for both d, and d,. Climbsand
descents were found to have a direct impact on thrust setting, while a negligible impact
onde. daand d; were linearly changed by changesin the sdedip angle. For steady turns,
alinear relaionship was observed between d, and d; with changesin bank angle. The
same relationship was observed between d, and d, with bank angle asthe flight path angle
was varied. For abarrd rall, linear relationships were found for bothd, and d, asroll rate
was varied. The effects of load factor and wegpon depression angle on height above the
target were determined for a smulated AC-130 gunship orbit. Also the impacts of bank
angle and orbit radius on load factor were plotted. Finally alinear rdaionship was

observed between de and pitch rate for the pitch-over maneuver.
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V. Stability Derivative Sensitivity Analysis

Overview

In Chapter 2, the point mass model was developed to provide abasisfor the
control laws for the trgjectory of the aircraft. The outer-loop equations were found from
the nonlinear equations of mation and gpplied to the actud Learjet-25 parameters. In
Chapter 3, the outer-1oop equation outputs were used with the transformation matrices
and the remainder of the equations of motion to find the control surface deflections
required to achieve the desired flight trgectory and orientation. In Chapter 4, the
equations developed in the previous two chapters were used to smulate selected flight
trgjectories. By choosing the correct input states, the required control surface deflections
for the desired flight peth were found. The impacts of variations in the stability
derivatives are investigated in Chapter 5 to determine which parameters require the most
accurecy. Each gtability derivative is varied +40% to determine the change in predicted
control surface deflection vaue. Control surface deflection changes greater than 1.0°
from the origind vaue are deemed sgnificant. The sengtivity andysswas used to
identify the most critical parameters and possible sources of error. Findly, in Chapter 6
the theoreticd vaues tested using the Learjet-25 in flight tests are compared to the
theoretica caculations.
Senditivity Analysis

The gtability derivatives were divided into two groups. longitudina stability

derivetives and laterd-directiona Sability derivatives The longituding stability
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derivativeswere: Cp,, C;,,, G, C . C,. C,.C_,C,,,C,, ., C,and C .

q'’ mo? ma !

The longituding ability derivatives were investigated in two trimmed flight conditions

(draght and leve flight and climbing flight). The laterd-directiona stability derivatives

wee C,,C,,C,.C,.C,.C.C,C.C,.C,.C,.C,,C,,C, ad

Ya !

Y '
C,, . Thelatera-directiond stability derivatives were investigated in two trimmed flight

conditions (crabbing flight and steady-turn flight). Straight and leve flight did not
produce any forcesin the lateral-directiond axes, and no change in the control surface
deflections.

Longitudinal Stability Derivative Sensitivity.

Thelongitudina stability derivatives sengtivities were found for two cases. Each
gability derivative was varied £40% from the origind vadue to estimate the effect of
errorsin the sability derivatives on the predicted control surface deflections. Stability
derivatives caculated from wind tunndl data may have up to a40% error (9: Class 2)
from the actud arrcraft vaue. By finding the mogt critical sability derivatives, the
required level of accuracy in the estimation of the stability derivatives was determined.

Straight and Leve Hight.

The firgt longitudind trim condition investigated was draight and leve flight.
The Matlab® routine developed in Chapter 4 (see Appendix B) was used to determine the
sengtivity of each output to derivative change. Changesin control surface deflection

greater than £1.0° when the origind value was varied £40% were noted.

,C_,C..C

el & mo' Tmq’

Thefollowing sability derivatives: Cp, Cp, , Cp, Ci s Cp

and C_ had negligible effects on control surface deflection values when varied +40%.
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Increasing C,, did not produce achangein de larger than 1.0°, but decreasing C,_
23.8% from the origina value resulted in a1.0° decreasein de. Varying C_ = by +31%

resulted in a change of 1.0° from the origind vdue of de. Overdl, in straight and level
flight errorsin the longitudina stability derivatives did not produce a Sgnificant change
in the control surface deflection values.
Climbing Hight.
Next, the longitudina gtability derivative sengtivities were investigated in
trimmed dimbing flight. The same sability derivetives were evauated with the same
criteriaas traight and leve longituding flight. Changesin dl the longitudind stability

derivatives except C . had anegligible effect on the required control surface deflections.
Asingraght and level flight, a+31%errorin C_ . produced a 1.0° changein de.

Ovedl, the errorsin the longitudind stability derivatives did not produce large
errorsin the control surface deflection values. The accuracy of the longitudina values
was aso wdl known (reference 10). Therefore the longitudina predictions were very
accurate and should match the flight test results. In Chapter 6 the accuracy of the
longitudina predictions compare very well to the measured flight test data.

L ateral-Directional Stability Derivative Sensitivity.

The laterd-directiond stability derivatives sengtivities were found for two cases,
crabbing and steady turn flight. Each stability derivative was varied £40% from the
origind vaue to estimate the effect of errorsin the stability derivatives on the predicted

control surface deflections.
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Crabbing Hight.

Thefirg laterd-directiond trim condition investigated was flight in a crabbing
condition with a constant Sidedip angle. Each laterd-directiona sability derivative was

again varied £40% from the origina values. Changes of £40% in the following stability

derivatives changed the control surface deflections less than one degree: Cyé , Cyp , Cyr ,

C,,C

Yz

' C,, C,C, . C,,andC, .

Smll dihedrdl stability derivative, C, , errors produced large changesin the
predicted control surface deflection values. A change of 17.1% of C, in ether direction
from the original value crested a1.0° changein d,, whileavariationin C, did not
changed,. Changesin the aileron control power derivative, C,_, produced an
indgnificant changein dy, but a18.7% decrease from the origind value of C,_ or a30%
increasein C, - changed d, 1.0° from the origind vaue. Similarly, varying the roll
coupling stebility derivative, C, , had anegligible effect on the d; predictions. However,
changing C,  +28.6% resulted in a1.0° changein d,. Smdll errorsin the weathercock
stebility derivetive, C,, , had large ramifications on the predicted |ateral- directional
control surface deflections. A £9.3% changein C. resulted ina 1.0° changein d;. Also,

a+28.6% changein C, produced the same error in d,. Findly, errorsin the rudder

control power derivative, C,_, produced significant errorsin the laterd-directiond

control surface deflection vaues. Whileanincreasein C,  did not effect da, 222.1%
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decreasein C,_ fromthe origind vaue changed da by 1.0°. Rudder surface deflection
was even more sensitive to changesin C, . A 10.4% increase and an 8.6% decreasein

C

n, fromthe origina value produced a 1.0° changein d..

Overdl the laterd- directiona stability derivatives were more sengtive to errorsin
crabbing flight than the longitudina stability derivativesin any flight condition. Errorsin
lateral-directiond stability derivative vaues (reference 10), also contributed to the errors
in the laterd-directional axes predictions. Therefore the open-loop equations will not
predict required control surface deflection for crabbing flight as accurately.

Steady Turn Hight.

The other laterd-directiona trim condition investigated was flight in a steady turn

with a congtant bank angle. Each laterd-directiona stability derivative was again varied
+40% from the origind values. Changes of +40% in the following Stability derivatives

had a negligible effect on the control surface deflection vaues: Cyp ,C,.C,.,C

Ya !
Clp, C , Cnp,and C, -
Asin the crabbing flight case, the same gability derivatives were most sendtive

to errorsin asteady turn. A decrease of 11.0% intheorigind vaueof C, resultedinan
increesein da of 1.0°. Likewise, only a4.8% decrease or a5.6% increasein C,
produced an unacceptable error in d,. Whileerrorsin C, did not effect d;, an error of

+6.9% resulted in a 1.0° changein d,. The predicted d; was not influenced by errorsin
either C,_ or C,_. Aileron deflection was significantly impacted by errorsin the roll

coefficient control surface derivativesthough. An 11.1% decrease or a 14.6% increasein
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C,. resutedinasgnificant changein da. Also, a+15.6% changein C, produced a
samilar eror in da. Smal weathercock stability derivative, C,, . errors produced large
errorsin the control surface deflection predictions. A +5.0% variationin C, - changed dy

by adegree, and if the error increased to +15.4%, d, exceeded the error limit. Findly,

only a+4.6%errorin C, resulted inachangeof 1.0° ind;. Astheerrorin C was
decreased to -13.2% or increased to 18.6% of the originad vaueof C,_, the same error

wasseenin da.

As seen in the crabbing flight case, in asteady turn errorsin the stability
derivatives produced unacceptably large errorsin the latera-directiona control surface
deflection predictions. The higher uncertainty in the laterd-directiond derivative vaues
aso compounded higher inaccuracy in the predictions when compared to the longitudind
cases. Thehigher errors predicted for the lateral-directional cases was observed in flight
test (see Chapter 6).

Summary

The gability derivatives were prioritized from the mogt to the least sengitive to
change in control surface deflection values. The results are listed in Table 2 below. The
percentage change that produced a 1.0° error in control surface deflection dictates the
level of accuracy required. The stability derivatives were estimated in the flight test
program to improve the prediction accuracy (reference 10). The derivativesin Table 2
were the focus of the aeromodelling tests to attempt to achieve the required level of

accurecy. Inflight tet, al longitudind stability derivatives were within acceptable
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tolerances. Theaccuracy of thenew C, and C,estimatesdid not reach the accuracy

required for the laterdl-directiond stability derivatives. Therefore, the latera-directiona
control surface deflection predictions cannot be guaranteed to be within +1.0° of the
actud vaue. Thisdiscrepancy was observed in flight test (see Chapter 6).

The prioritized sengitivities of the dability derivativesfollow. A “+” percentage

isan increase from the origina vaue, whilea“-* is a percent decrease.
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Table 2. Stability Derivative Sensitivity Analysis

STABILITY DERIVATIVE de d, d, CONDITION

Rudder Control Power (C,, ) >+40% | -13.2%/ | +4.6% Banked Hight
i +18.6%

Side-force Coefficient due to >+40% | -11.0% | -4.8%/ Banked Hight

Sidedlip (C, ) +5.6%

Westhercock Stability (C, ) >+40% | +15.4% | +5.0% Banked Hight

Dihedrd Stability (C, ) >+40% | £6.9% | >+40% Banked Hight

Rudder Control Power (C,, ) >+40% | -22.1% | -8.6%/ Crabbing Hight

+10.4%

Westhercock Stability (C,, ) >+40% | +28.6% | 19.3% Crabbing Hight

Aileron Control Power (C, ) >+40% | -11.1%/ | >+40% Banked Hight
B +14.6%

Roll Moment Coefficient due to >+40% | £15.6% | >+40% Banked Hight

Rudder Deflection (C, )

Dihedrd Stability (C, ) >+40% | +17.1% | >+40% Crabbing Hight

Aileron Control Power (C, ) >+40% | -18.7%/ | >+40% Crabbing Flight

+30.0%
Lift-Curve Sope (C, ;) -23.8% | >+40% | >+40% Straight and Level
Hight

Roll Moment Coefficient dueto >+40% | £28.6% | >+40% Crabbing Hight

Rudder Deflection (C, )

Pitch Coefficient dueto Angle +31.0% | >+40% | >+40% | StraghtandLevel/

of Attack (C,,) Climbing Hight
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V1. Flight Test Results

Overview

In Chapter 2, the point mass model was developed to provide abasisfor the
control laws for the trgjectory of the aircraft. The outer-loop equations were found from
the nonlinear equations of mation and gpplied to the actud Learjet-25 parameters. In
Chapter 3, the outer-1oop equation outputs were used with the transformation matrices
and the remainder of the equations of motion to find the control surface deflections
required to achieve the desired flight trgectory and orientation. In Chapter 4, the
equations developed in the previous two chapters were used to smulate selected flight
trgectories. By choosing the correct input states, the required control surface deflections
for the desired flight peth were found. The impacts of variations in the stability
derivatives were investigated in Chapter 5 to determine which parameters require the
most accuracy. Finaly, in Chapter 6 the theoreticd vauestested using the Learjet-25in
flight tests are compared to the theoretical caculations. The aeromodd for the Learjet-25
was estimated from flight test to improve the sability derivatives. Sdected trgectories
from the previous chapter were also sdlected for verification in flight test. The results of
the flight test were compared to the predicted results to determine the accuracy of the
modd!.
Aeromodel Data

Veridian origindly provided the aerodynamic model for the Learjet-25. The

origind vaues were used in the Matlab® to caculate the estimated control surface
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deflections. The uncertainties in the provided stability derivatives could produce errors
larger than 1.0° in the predictions. Therefore, in the flight test program the aeromodel
parameters were estimated to produce improved vaues for the Sability derivatives
(reference 10).

After gtable data were collected at each trim flight test point, control surface
deflection doublets were entered into the aircraft. Programmed test input was
automaticaly input for each of &, & and & and the aircraft response recorded. Using the
response at each test point, the stability derivatives were estimated using Parameter
Egtimation software provided by TPS. Average sability derivative vaues were found for
both Regime 1 and Regime 2. The effect of dtitude, Mach number and cg location were
a0 invedtigated for each dability derivative (reference 10). In generd, the changesin
dability derivatives were negligible within each regime. The improved stability
derivatives were then re-inserted into the Matlab® routine and the control surface
deflectionsre-cdculated. The improved stability derivative vaues were used throughout
the study and are listed in Table 2.  Theimproved stability derivative predictions were
compared to the flight test data in the remainder of this chapter.

Flight Test Data

Sdected trim flight conditions examined in Chapter 4, were verified in flight on
and 10 were investigated in the flight test program. Mot of the longitudina results (trim
conditions 1, 2, and 3) matched the theory very closdy, while laterd-directiond flight
conditions (trim conditions 1, 4, and 5) had more errors and did not match the predictions

aswell. Each condition investigated during the flight test program is now examined.
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The flight test envelope was divided into three flight regimes to study the
differences between low, middle and high-speed results. The three regimes were chosen
to investigate the effects of atmospheric compressbility and the non-linear regions of the
flight envelope. The middle regime, Regime 1, was defined as 190 KIAS to 250 KIAS
(approximately 400 to 550 ft/s). Low speed, Regme 2, was defined as the stal speed
(dependent on aircraft weight, but around 120 KIAS) to 190 KIAS. The high-speed
regime, Regime 3, was from 250 KIAS to the maximum aircraft airspeed (310 KIAS or
about 650 ft/s). Flight test in high-speed regime was not completed due to time
condraintsin the test program.

The Learjet-25 had a variable stabilator (moving horizonta tail) that changed the
flying characterigtics of the airplane as the stabilator position was changed. Stabilator
position was a function of argpeed to maintain trimmed flight. Within each regime, the
dabilator pogition was held congtant, but each regime had a different trimmed stabilator
position. Therefore, the trimmed aircraft variables and stability derivatives changed
between regimes. Exact comparisons between regimes are not valid.

Straight and Leve Flight Test.

The mgority of the flight test program was used to examine trim condition 1, and
al the associated flight effectsin sraight and leve flight. Four flight conditions were
examined within trim condition 1: dtitude effect, velocity effect, weight effect and

asymmetrica thrugt effect. Each flight condition will now be detailed.
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Altitude Effects.

Firgt the effect of dtitude change was investigated by sdecting straight and level
test points between 9,000 and 20,000 feet mean sealevel (MSL). The effect of weight
and veocity were isolated to the greatest extent possible by flying each test point with the

same arcraft configuration at each dtitude in the test band. The results are shown in

Figure 30 through Figure 33.

The dtitude effect on the flight test parameters was compared to the predictions.

The results were very scattered with little corrdation. Therefore the data were further

separated into three aircraft velocity bands within each flight regime. The flight test

resultsin Regime 1 generally matched the predicted vaues, while the Regime 2 flight test

data were biased from the predicted curves.
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Figure 30. Regime 1 Elevator Deflection (de) vs. Altitude (h) Effect
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Figure 30 shows the & test datain Regime 1 with an overlay of the predicted &
for three true airspeed values. The low speed region (V = 460 ft/s) described amuch
more shdlow curve than theory predicted. The middle speed region (V = 475 ft/s)
matched the prediction with a+0.2° biasfor dl dtitudes. The high speed (V = 490 ft/s)
test points matched the predicted curve, with about the same +0.2° bias, but was more
scattered than the mid-speed data. Overdl the flight test data matched the predicted data

with asmdl amount of variation.
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Figure 31. Regime 2 Elevator Deflection (de) vs. Altitude (h) Effect

In Regime 2 the flight test data differed from the predicted curve by amost +1.0°
on average for dl three velocity bands (see Figure 31). Theflight test data were dso
more scattered than in Regime 1. Overdl the datain Regime 2 shows the same genera
trend as the predicted curves, but the correlation was not strong. The altitude effect on &

was very smdl, and was masked by other factors, epecidly smdl changesin airgpeed.
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The &, and & were predicted to be zero in trimmed flight. Small vaues of &, and

& were measured in flight. These deviations result from the impossibility to be perfectly

trimmed with no laterd-directiond inputs during actud flight test. There were no

sgnificant values of & and & in any of the longitudina axes investigations data points.
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Figure 32. Regime 1 Angle of Attack (a) and Pitch Angle (g) vs. Altitude (h)

The dtitude effect on a and q was aso not very strong. Figure 32 show the plot

of flight test datain Regime 1 for a and q respectively, with the predictions shown for the

same three true airgpeed bands. The dataiin al three bands were characterized by alot of

scatter in the flight test data. All datawere within 2° of the predicted curves. Theq

vaues were closer to the predicted curves and did not have as much scatter asa.
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Figure 33. Regime 2 Angle of Attack (a) and Pitch Angle () vs. Altitude (h) Effect

In Regime 2, the data were again scattered, increasing in error asthe dtitude
increased (see Figures 33). The flight test datawere dso biased -2° to -3° from the
predicted vaue curves. Also thea values were more scattered than the g values a each
dftitude.

Overdl, the dtitude effect on the devator surface deflections was very smadl.
The data points were scattered by other flight parameter effects and the predicted trends
were difficult to match to the model predictions. The effect of dtitude variations does

not have a significant impact on the resultant errors.

82




Straight and Level Altitude Effects
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Figure 34. Thrug (T) vs. Altitude (h) Effect

In generd, more thrust was measured compared to the predicted curve (see Figure
34). Theflight test data follows the same generd trend as the predicted curve. The
mgority of the flight test data are within 100 Ibs of the predicted curve. The biasin the
dataislikely due to the smplified thrust mode used to caculate the flight test thrust.
The thrust was caculated from the engine pressure ratio and the known area of the
nozzle. A more robust aircraft thrust measurement should improve the results. Also the
open-loop equations assume the thrust is two point forces acting at the estimated center of
the nozzle exit plane. Thissmplification dso likely increases the error in the thrust
prediction.

Weight Effects
Next the effect of changing the aircraft weight and cg was compared to the

predictions. Since cg was alinear function of the Learjet-25 weight for al test points, the
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control surface deflections were plotted as a function of weight. Figure 35 shows the

combined results for Regime 1 and Regime 2.
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Figure 35. Elevator Deflection (de) vs. Weight (W) Effect

For Regime 1 the flight test results were dmost dl within £0.5° of the theoretica
prediction. However, the flight test results did not show a significant reationship
between & and variations in weight; actud & was essentialy constant. According to
theory, a 3,000-pound increase in weight would produce a 1.0° decrease in & in Regime
1, but this was not observed during flight test.

In Regime 2 the data were more scattered and also did not match the predicted
trend. The Regime 2 flight test results were on average about 1.0° higher than the
predicted vdue. Again theflight test & were nearly congtant for al weightsin the test

envelope. Theoreticdly, a 1,500-pound incresse in weight would produce a 1.0° decrease



in& in Regime 2. Overdl, the impact of arcraft weight did not have a measurable effect
on the & vaue from flight test data. Theoreticaly the impact was expected to be small,
but not as smdl asthe actua test dataindicated. The sgnificant difference between

Regime 1 and Regime 2 & were the result of a change in trimmed stabilator position.
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Figure 36. Angle of Attack (a) and Pitch Angle (g) vs. Weight (W) Effect

Theplot of a and q versesweight is shown in Figure 36. Both Regime 1 and
Regime 2 are shown on the plot. For Regime 1, the flight test data are scattered within 2°
of the predicted curve, with dl the q data points within 1° of the expected values. Thea
vaues were directly affected by the airspeed a which the test point was flown. A 10 ft/s
changein true airspeed resulted in an average 0.5° to 1.5° changeina. Thea and g
vaues were more constant than the predicted curve. The accuracy of the in-flignta and

g measurements contributed to the scatter in the data. The a measurement varied +1.0°
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to 2°, and the g measurement varied up to +1.0°. Therefore, the weight effect on these
flight parameters was not as large as expected. The accuracy of the a measurement may
aso have been lessthan for g. In the aeromodding investigation alag was found in the a
and b measurements (reference 10).

In Regime 1 the flight test data were consigtently 1° to 2° lower than the predicted
values. Theflight test data showed the same scaiter in Regime 2 asin Regime 1, with g
nearly linear around the average value and a scattered more about the average vaue.
The larger discrepancy for a and g in Regime 2 may be due to the fact that the equations
were developed for Regime 1, and smdl aerodynamic non-linearities and the changed
position of the stabilator could cause an error in the predictions.

The method weight was measured is another source of error in the weight flight
test data. The aircraft weight was displayed in the cockpit, but was not directly input into
the data bus messages recorded for the flight. Veridian developed aroutine that set the
arcraft weight at the sart of the flight and decremented the weight at a set rate according
to timeinflight. It was assumed that the fud burn rate was congtant, which may not have
been an accurate assumption. Periodically the weight was updated from the cockpit
display to improve the recorded weight vaue. The firgt few flights the decrement rate
was varied to try to maich the aircraft display in the cockpit. The weight measurement

error would increase the scatter in the flight test data.
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The weight verses thrust plot (see Figure 37) has even more scatter than the
previous thrust plot (Figures 34). The increased scatter was likely due to the method

weight was measured (discussed above), and the same errors used to calculate thrust.

Figure 37. Thrust (T) vs Weight (W) Effect

The data has the same upward trend as weight increased, and the predicted vaues are

lower than the measured data as previoudy observed. Next the effect of varying the
velocity was investigated.

Vdocity Effects.

The effect of changing the arcraft velocity in flight test is compared to the

theoretical prediction. The results for both Regime 1 and Regime 2 are plotted in Figure

38. Theflight test data followed the same trend predicted by the outer-loop equations,

with asmdl bias. The data bias was more pronounced in Regime 2.
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Velocity Effect
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Figure 38. Elevator Deflection (de) vs. Veocity (V) Effect

In Regime 1, the flight test & was conggtently higher than the theoretical
prediction by approximately 0.25°. All flight test data were within 0.0° to 0.5° of the
model prediction. The effect of velocity was not affected by small changes in the aircraft
weight and test point dtitude. Therefore, the effect of velocity on & had the greatest
impact on the sraight and leve flight results. In Regime 2 the flight test & was
consgtently 0.75° higher than the predicted curve. Theflight test detawere tightly
grouped around the average trend-line and showed the strong effect that achangein
velocity created in the & vaue. The larger difference between predicted and flight test

datain Regime 2 was smilar to the results as discussed above for the dtitude effect.
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Velocity Effect
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Figure 39. Angle of Attack (a) and Fitch Angle (q) vs. Vdocity (V) Effect

Thea and g resultsfor both regimes are plotted in Figure 39. The flight test
results matched the theoretica predictionswithin £1.0°, except at the dowest airspeedsin
Regime 2. The datawere in anearly continuous curve across both regimes. Therewasa
dight jump in the theoretica curve between Regime 1 and Regime 2 of lessthan 0.2°.
Again there was more scatter in the a flight tet resultsthan inthe g values. Thea and q
flight test data matched the modd very closely. The velocity effect dominated and the
data were scattered by the other factors.

Overall, there was a strong correl ation between changesin true airgpeed and &.
The correlation was dso seenin a and g with velocity changes. Ve ocity measurement

accuracy was one of the key indicators of & prediction accuracy.
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Straight and Level Velocity Effects
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Figure 40. Thrust (T) vs. Veocity (V) Effect

The thrust measurements as a function of velocity are shown in Figure 40. The
flight test data had the same generd trend as the predicted curve, but again results were
biased up about 100 Ibs. The same problems experienced in the dtitude investigation
apply to the velocity effect on thrugt.

Longitudind Maneuvers, Straight and Levd Hight Summary.

Ovedl, the effect of a produced alarger change in the measured & than the
changein arcraft weight (and corresponding cg). The weight effect was masked by the
changesin a from the predicted values. Airgpeed aso had alarge effect on &
measurements in flight. The scatter in the data, especidly in Regime 2, could be
explained by the variancesinthea and V a each test point from the idedl condition used
for the modd cdculation. When the identical flight condition parameters were used in

the modd the predicted vaues closely matched the flight test data.
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The test point set-up had amgor impact on variations between the flight test data
and the theoretica predictions. Theflight test velocity had the largest impact on changes
inthe& vadues. Smdl variationsin test point velocity produced alarge changein &

vaues. The effect of weight variaions was less significant, and the effect of changing
dtitude was very smal. Thetest set-up variationsin b and flight path angle fromthe
Specified test conditions were generdly lessthan £1.0° for al test points and did not
ggnificantly impact the results. The bank angle varied up to +8.0° from the specified test
conditions. Often there was asmdl roll rate (£0.5°/sec) that was not observed in flight,
but impacted the flight test data. Thef measurement dso had the largest oscillations
about the steady-dtate value, up to a+1.0°. The combined errorsin f vaueshad a
sgnificant impact on the laterd-directiona results. Combining variations resulted in a
composite change in the control surface deflection vaue, which accounts for some of the
scatter seen inthe flight test data. The thrugt flight deta has the same generd trends as
predicted by the modd. There was a consstent upward bias in the flight test data from

the expected curve though.

Asymmetricd Thrust Effects.

Thefind trim condition 1 flight condition examined was asymmetric thrug.
Thrust from one of the two engines was progressively reduced and thrust on the other
engine was progressively increased while keeping the wings level and the airgpeed within
the required tolerance. Data were collected at each asymmetric thrust setting. The data

were plotted as the percentage of tota thrust from the right engine.

91



Asymmetric Thrust Effect
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Figure41. Aileron (ds) and Rudder (d;) Surface Deflection vs. Asymmetric Thrust (T)
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Limited data were collected, especidly in Regime 2. The data were very
scattered, and did not match the predicted values very closely for laterd-directiond
control surface deflection values. Figure 41 showsthe & and &, vaues from flight test
compared to the predicted theoretical values for both regimes. The theory predicted a
larger asymmetric thrugt influence on & (dope -0.5° per 10% change in asymmetric
thrugt, verseslessthan 0.1° per 10% for the averaged vaues of the flight test datain
Regime1). The & results were about the same in Regime 2. The &, results showed the
opposite trend result. The theory predicted about a-0.1° change per 10% changein
asymmetric thrust, while the averaged flight test data had a dope of about -0.5° per 10%
change in asymmetric thrust. The datahad alot of noise and stable points were difficult

to achieve in asymmetrica conditions. Thef measurements also had alot of noise and
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were accurate to within only a degree or two of the averaged value at most test points.

These errors may account for the inaccuracies between the flight test results and the

theoreticd predictions.

The & vaues were compared to the theoretica predictions. Theoreticaly the &

was constant for dl asymmetric thrust test points. In Regime 1, dl & vaueswere within

+0.3° of the theoreticd vadue. If the four data points with large changesin f were

discarded, the average flight test data & was -0.03° from the theoreticd & and dl flight

test pointswerewithin £1.0° of the predicted vaue. In Regime 2 the flight data & vaue

was biased -1.0° with very little scatter in the data.
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Figure 42. Sidedip (b) and Bank Angle (f ) vs. Asymmetric Thrugt (T) Effect

The latera-directiona control surface deflection errors also were increased

because the test points were not in perfect trim condition in most cases. Figure 42 shows
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theplot of &and f , respectively, for each test point. Thetheoretica vauesfor thef were
expected to be 0.0° because the maneuver was designed for wings levd flight. Hight test
points were not perfectly trimmed to wings leve, straight flight, so this plot is ameasure

of the error due to non-ided flight test conditions. Theerrorsinf weredl lessthan
+4.0°. The offsets from trim would aso contribute to the errors in laterd-directiond
control surface deflections. Thef errors were largest for the points around 50%
asymmetric T, which correspond to the largest errors on the control surface deflection
plots (Figure 42). Alsothef errorstended to be more negative as asymmetric thrust
approached 0%, and more positive as asymmetric thrust approached 100%. Thiswas

as0 observed in the &, and & vaues at the extreme asymmetricd thrust conditions.

Latera-Directiond Maneuvers, Straight and Leved Flight Summary.

The laterd-directiond stability derivatives had amuch larger uncertainty than the
longitudina stability derivatives. Thislaterd-directiond stability derivative uncertainty
contributed to variationsin modd control surface deflections asindicated by the
sengtivity andyss The mogt criticd gability derivatives(Cndr ,C,. . C,,and C )
created alarge error for asmal variation. Findly, a bias was observed in both the &, and
& vdues. For ingtance, in Hight 10 a congtant +1.6° biasin & was observed in dl
draight and leve test cases. The &, also had a small bias of about 0.3° for Hight 10. The
&, and & were manudly trimmed, and the small error could not be detected from the

cockpit. Thetrim error contributed directly to an error in the control surface deflection

results.
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Overdl the asymmetric thrugt flight test data did not match the theoretical
predictions. The correct trend was seen in the data, but the flight test results had large
differences from the expected vaues. The difficulty in establishing trimmed flight in an
asymmetricd flight condition and the inaccuracy in the bank angle measurement
aggravated the errors. Next trim conditions 2 and 3 were investigated jointly in the flight
test program.

Climbing and Descending Flight Test.
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Figure 43. Elevator Deflection (de) vs. Hight Path Angle (g) Effect

The effect of flight path angle changes was investigated for both climbing (trim
condition 2) and descending (trim condition 3) flight. The g effect on & isshownin
Figure 43 for both regimes. The g effect on & was predicted to be very smdll, and the

flight test data matched the predictions. In Regime 1, dl the flight test datawere within
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+0.25° of thetheoreticd curve. In Regime 2 the flight test & was biased +0.7° from the
predicted vaue. Theflight test data were also more scattered about the average value in
Regime 2 than in Regime 1. Overdl, the predicted g corrdation to & matched flight test

results, but the impact of gon & wasvery smdl.
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Figure 44. Angle of Attack (a) and Fitch Angle (q) vs. Hight Path Angle (g) Effect

Figure 44 shows the comparison of flight test g effect on a and q respectively to
the theoreticaly predicted rdationship. In Regime 1, dl flight test datafor both a and q
werewithin £1.0° of the mode prediction for dl g values. In Regime 2 the flight test
datawerewithin £2.0° of the predicted vaue, with adight bias of about -1.0°. Asseen
for other longitudinal investigations, the scatter in the a data points was larger than the
scatter inthe g values. Overdl, the flight test data correlated with the predicted values

fordl g. Theimpact of g was not significant, but was predicted properly by theory.
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Flight Path Angle Effects
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Figure45. Thrus (T) vs Hight Path Angle (g) Effect

Theflight path angle had a sgnificant impact onthe thrust required to maintain
trimmed flight. Figure 45 shows the thrust data collected as flight path angle was varied.
Theflight test roughly had the same trend as the predicted curve, but as data was taken
further from the center test condition, the difference between the measured and predicted
datagrew large. Theflight tet data followed anearly linear trend, while a trigonometric
function was predicted from the model. The increased error at the extremes of the thrust
envelope was likely due to errorsin the caculated thrust from flight test and the model.

Crabbing Flight Test.

Next alateral-directiona trim condition was investigated, the effect of a non-zero

sdedip angleinlevd flight. With b specified, thef required to maintaing=H = 0° was

determined. The test was limited to +10°, due to aircraft safety concerns.
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Sideslip Angle Effect
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Figure 46. Aileron (dy) and Rudder (d;) Surface Deflectionsvs. Sdedip Angle (b) Effect

Regime 1 and Regime 2, &, and & were compared to the &, and & predicted by the
modd. The& and & are shown in Figure 46. Theflight test datafor &, and & were
linear, as was predicted by the modd. In addition, the dopes of the flight test data had

smilar dopesto that predicted by the model. When the dopes did vary from the modd
predictions, the dope of the flight test data was higher, but only by gpproximately 0.1° of
aper degreeof b. It wasalso noted that at b = 0°, &, was negative and & was positive.
The deflection a b = 0° had much more effect on moving the data.away from the
prediction than the dopes of the data. The rudder showed zero deflection at
goproximately b = - 2°, and the allerons showed no deflection at approximately a=-0.5°.
It isunknown if this was an indrumentation issue, adightly bent arcraft, non-zeroed

trim, or a combination of each factor.
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Sideslip Angle Effect
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Figure47. Bank Angle (f ) vs Sidedip Angle (b) Effect

Thef flight test data were also graphed for the steady-heading Sdedlips, as seen
in Figure 47. For Regime 1 and Regime 2, the dope from the flight test data was
approximately 2.5 times greater than the predicted dope.

Overdl, the data quaity from flight test was good and showed alinear
rel ationship between control surface deflection and b, andf tob. The dopes of the
control surface deflection to & closely matched mode prediction, whilethedopeof f to a
differed from the modd by afactor of 2.5.

Level, Steady Turn Flight Test.

Theflight test resultsfor trim condition 5, did not match the predictions. The
opentloop equations predict a certain path with either a specified bank angle or Sdedip
angle. When f ,, was specified, the predicted bank angle was over the aircraft limits,

which required amuch larger &, and & than measured in flight test. The aircraft was
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flown with nearly zero sdedip, but when b=0° was specified the open-loop equations
predicted very large control surface deflection to command the turn, which limited the
maximumf . Inflight, bank angleis used to command aturn, which requireslittie
control surface deflection. The flights should be repested attempting to recregte the exact
flight conditions. Theflight trgectory flown, did not match the mathematically predicted
trgectory. Also turn rate had a major impact on the predicted control surface deflection
vaues. Theturn rate was not specified for the flight tests, and was not measured. The
predicted turn rate should be compared to the actud flight test turn rate to make avaid
comparison.

Pitch-Over Flight Test.

Trim condition 10 flight trgectory aso did not match the predicted results. The
predicted trgjectory was for sraight and leve flight, with a pitch angle rotation about the
yp-axis created by deflecting & only in 1g flight. To achieve the same pitch rotation rate
in flight test, the maneuver was entered in a climb with a pitch+over, and lessthan 1g
flight. The lower the load factor, the higher the pitch rate. Post-flight, load factor and
pitch rate were varied to attempt to re-create the flight trgjectory. The equations did not
predict the same trgectory flown, so the required &’ s did not match.

Summary

Thelongituding flight test data provided a good validation of &l the model
predictions, except trim condition 10. In draight and levd flight, velocity was the
dominant input parameter for determining the required &. Weight had asmall effect and
dtitude an even smdler impact. The flight path angle had a minimd impact on the &.

Thrust setting had the greatest impact on the flight path angle. & was not significantly
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changed by changesin g. Trim condition 10 could not be reproduced as a trim condition
using the opentloop modd.

The laterd-directiond flight test deta provided limited vaidation of the mode
predictions. The & and & curves had the same generd trends for both the asymmetrica
thrust and sidedip investigations. The data was biased by errorsin the latera-directiona
gability derivatives and biasesin the laterd-directional measurements on the aircraft.
The laterd-directiond data could not be guaranteed to be accurate to within 1.0°. The
trim condition 5 flight trgjectory could not be reproduced using the model predicted

trgectory.
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VI1I. Conclusons and Recommendations

Conclusons
Model Development.

Outer-loop equations were devel oped to produce control laws for an aircraft.
Nested |oop equations were developed for the model. In the outer-loop controller, the
arcraft was modeled as a point mass. All aircraft forces were balanced to create
equations to solve the control variables. For specified state variables and either bank
angle or sdedip angle to define the flight trgectory the control variables were
determined.

Theinner-loop uses the control variables from the outer-1oop to calculate the
required control surface deflections. In the inner-loop, the six-degree of freedom modd
was used to balance the moments on the aircraft. With the control variables determined
from the flight trgectory in the outer-loop, the inner-loop calculates the required d, de,
and d, to achieve the desired aircraft orientation.

Trim Conditions.

Ten trim conditions were then defined to alow smplifying assumptionsto the
modd equations. Trim condition 1, issraight and levd flight. Trim condition 2 is
defined asadraight and level climb. A straight and level descent describestrim
condition 3. A non-zero Sdedip anglein leve flight is trim condition 4. Trim condition
5isadeady, leved turn. By adding apostive flight path angle, trim condition 6 describes

agteady dimbing turn. Similarly, trim condition 7 is a descending turn. Trim condition
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8isabarrd roll. Next, for trim condition 9, an AC-130 gunship orbit is devel oped.
Findly, in trim condition 10, a steady pitch-over maneuver is described. Model
equations were developed for each trim condition.

Model Implementation.

The equations were then implemented using a Learjet-25 arcraft aeromodd in a
Matlab® routine. Each trim condition was plotted to determine the rel ationships between
the rlevant input variables and the outputs. The impact of each input variable on the
output for the Learjet-25 was determined. The trim condition graphs were used to
determine which input variables were focused on during the flight test investigation.

Predicted Results.

Vdocity had the largest influence on trim condition 1 results with weight and
dtitude having smdl impacts on control variablesand de. For asymmetrica thrugt, there
were linear rdaionshipsfor both d, and d; asthe difference in thrust between engines
wasincreased. For trim condition 2 and 3, thrust was the most important parameter. The
flight path angle was limited by the thrust for both climbing and descending flight. In
trim condition 4, alinear relationship was again found for both d, and d, asthe Sdedip
anglewasincreased. For trim condition 5, the steedy turn was defined as a congtant turn
rate with aload factor of 1.0 to dlow avaid comparison. To Smulate an actud turn, the
load factor should be varied with bank angle, and b should be held to 0.0°. Again alinear
relationship was observed for both d, and d, as the bank angle was increased. For trim
conditions 6 and 7 d, and d, had relaionships nearly identica to trim condition 5. The

only difference between the two trim conditions was the required thrust was dependent
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on theflight peth angle Smilar to trim condition 2 and 3. For the barrd roll, a constant
roll rate was chosen, and b was assumed to be zero. Thisflight condition describes an
aleronroll. To offsat from theroll axis, the Sdedip angle must be increased. For trim
condition 8, d, was the limiting factor. Trim condition 9 was a subset of trim condition 5.
Formulas were found rating height above the target, weapon depression angle, and orbit
radius. Findly apitch-over maneuver was examined. The pitch rate was set, and load
factor varied from 1.0t0 0.4 g's. The pitch-over was limited by the maximum devator
deflection.
Predicted Derivative Sensitivity.
The equation predictions are very sendtive to errors in the sability derivatives.

The most sensitive stability derivativesare C, , C, , C,, ,and C, . An error greater

than seven percent in any of these stability derivatives crestesa 1.0° differencein the
predicted control surface value. To get the desired accuracy in the equation predictions,
the stability derivatives must be known to greet certainty. The stability derivatives
originaly provided by Veridian had as large as 40% errors from the vaues found in flight
tes. Thelongitudind sability derivatives had been determined in previous studies and
were much more accurate than the latera-directiond stability derivatives (reference 10).
Unfortunatdly the laterd-directiond stability derivatives required the most accuracy

according to the sengtivity andyss. C, and C, were not determined to within the

required accuracy. Therefore the latera-directiond predictions cannot be guaranteed to

be within 1.0° of the flight tet results.
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Flight Test Results.

The equation predictions were partidly verified by the flight test program. The
longitudind test results matched the predictions for trim conditions 1, 2 and 3. The
lateral-directiona test results had errors from the predictions for trim conditions 1 and 4,
but were within acceptable limits. Trim conditions 5 and 10 test predictions did not
match the predictions. The errors were probably due to not flying these maneuvers at 1g
and errorsin the ability derivatives. Also the last two trim conditions could not be
exactly reproduced by the same flight trgectory using the control equations.

The thrust predictions had large errors and were not very accurate. The thrust
predictions had two major sources of error. First, the aircraft measurement and mode! for
thrust introduced an error. Thrust was caculated by measuring the engine pressure retio
and the pressure at the compressor face. The pressure at the nozzle was calculated and
multiplied by the nozzle area to estimate the force. The thrust estimate was not very
accurate. From flight test, the engines were balanced from al readings in the cockpit, but
post-flight up to a 200 Ibs difference between engines was noted a some test points.
Also, test points flown at nearly identica test conditions on different flights had up to 100
Ibs difference. The second source of error was that the thrust modeled as a point force
acting a the estimated center of the nozzZle. The modd amplifications may have dso
introduced an error.

Error Sources.

The equations were able to accurately predict non-aggressive levd flight

maneuvers, which would be the mgority of flight for aUAV. The complex maneuvers

were not vaidated in the flight test program. The steady turns predicted by the equations
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were aso not reproduced in flight. Steady turns are a balance of turn rate, bank angle and
sdedip angle. The equations predict adifferent combination of these three parameters
than were flown. The predicted steady turn may be a vaid solution to the turn, but it was
not verified in flight tes. The control surface deflections are smaler than predicted due
to the use of bank angle to balance the forces. The pitch-over maneuver aso was not
vaidated in flight. Pointing the bottom of the aircraft at a Sationary target on the ground
was predicted by the equations, but may not be possible on an actud aircraft. Further
tests and research is needed.

The modd was accurate near the center test point condition, but the errors grew
larger, the farther from the equilibrium test point. The errors have three primary sources.

Stability Derivative Vaidhility.

Firg, the stability derivatives were afunction of multiple variables. From flight
test, as Mach number, dtitude and dynamic pressure changed the stability derivative
vaues changed. Temperature and air dendty aso had a smal impact on the predictions.
To predict the required control surface deflection with grest accuracy, the stability
derivatives would need to be mapped for the entire flight envelope to the desired
accuracy determined in the sengtivity andyss.

Insgrumentation Errors.

Second, the aircraft measurement instrumentation needs to be improved. Small
errors in the measured angle of attack, sidedlip, bank angle and airspeed directly impacted
the accuracy of the flight test results. 1t was aso noted that atitude measurement
changed when maneuvers other than straight and leve flight were flown. The dtitude

error was probably due to no correction in the static pressure measurement when flow
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over the static port was disrupted in other than straight and level flight. A Pitot Satic
cdibration should be performed. The accelerations and angular rotation measurements
were aso very noisy, which resulted in an averaged vaue with occasond large
uncertainties. To achieve the accuracy needed for the model equations, very accurate
measurements are required. Findly there was no direct method to record aircraft weight.
The data was displayed in the cockpit, but the data recorded from the data bus was an
edimate provided by Veridian.

Non-linear Effects.

Findly, at the edges of the flight envelope non-lineer flight effects become
evident. Asdadl isapproached, the lift curve dope becomes non-linear. Also at higher
Mach numbers, compressibility effects must be considered. At higher dynamic pressures
the assumption of arigid body may not be valid. Another concern not addressed isthe
movement of the center of gravity asfud wasburned. These effects are not included in
the model and therefore would introduce an error. The model accuracy would decrease
the further from the center test condition the maneuver was flown. Findly thrust was
assumed to be invariant as dtitude, velocity and temperature changed. This smplifying
assumption likdly introduced an increasing error as test data was collected away from the
center test condition.

Recommendations

The open-loop equations provide agood prediction of the required control
settings for some of the specified trim conditions. With additional work the model could
be implemented on aUAV application. This section will address shortcomings identified

during research and additiona issues that need to be addressed.
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Validate Turn Predictions.

The steady turn predictions need to be validated. Post-flight tedt, the effect of
load factor was added to the equations to predict aloaded turn. The equations till
predicted much higher control surface deflections than were seenin flight. Pilot’'s
typicaly use more bank angle than control surface deflection to turn the aircraft. The
equations predict a smdl bank angle and large control surface deflection trgjectory. The
predicted trgjectory and control surface deflections should be flight tested to validate the
predicted solution. The predicted trimmed turn may be avaid turn solution, just not the
ones found in flight test.

Improve Thrust Modd.

The thrust modd must be improved. The mode provided for flight test did not
provide the accuracy to totdly validate the mode thrust predictions. Near the center test
conditions the results were good, but at the upper end of the thrust envelope the flight test
measurements differed significantly from the predicted results. The thrust modd had
many smplifying assumptions, which may need to be readdressed to accurately predict
the proper engine sttings.

Include Wind Effect in Modd.

The uncertainties in the atmosphere need to be included in the modd. Wind gusts
and other variations in wind should be included to better modd the actud flight
conditions. A wind gust would add aforce and moment to the system, which is currently
not included in the force and moment summations. The wind variations would disrupt
the assumption of zero net forces and moments, and the aircraft would no longer bein a

trimmed flight condition.

108



Investigate Transitions between Trim Conditions.

The modd assumes gable, trimmed flight conditions. No control input is
provided to get to the trimmed condition. Typicaly large inputs are commanded to move
the arcraft to anew flight condition. To trangtion from one trimmed condition to the
next, additiona control commands must beinput. If the trim condition control
commands are the only inputs into the aircraft, the aircraft may dowly gpproach the trim
condition, but may never reach the desired trimmed condition. The trangition between
trimmed conditions was not addressed in the open-loop model. Control surface limits
may aso be exceeded during trangitions between trim conditions.

Determine Stability Derivatives Accur ately.

The stability derivatives require very accurate estimates to make valid predictions.
Wind tunnel estimates of stability derivatives do not produce the required stability
derivative accuracy. An extendve flight test program is required to provide an accurate
aeromode of the arcraft.

To implement the control loop equations on aUAYV, very accurate flight condition
measurements would be required. The test aircraft had some of the best measurement
ingrumentation economically available. The measurements were still near the acceptable
accuracy limits and exceeded error limitsin some cases. Extremely accurate angle,
velocity and acceleration measurements would be needed to implement the open-loop
control model on an arcraft.

M easure Weight Accur ately.
The weight measurement was estimated since the flight deta was not available on

the databus. The weight was only available asadigplay in the cockpit. A congtant fuel
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burn rate was assumed and aircraft weight was decremented as a function of flight time.
The decrement rate was varied the first few flights to find the most accurate weight
edimate. Also the weight was periodically reset to the cockpit display to increase
accuracy. The weight value occasondly drifted from the actud vaue though. The
weight of the aircraft should be accurately measured to provide the accuracy needed to
vaidate the weight related mode predictions.

Automate Matlab® Routine.

The Matlab® routine could be automated to accept flight condition inputs and
output the required control settings. Shell programs could be devel oped to take inputs
directly from the air data computer for air dengty, temperature, current velocity, and
arcraft weight. The shell program could be designed to prompt for the velocity, flight
path angle, and either bank angle or Sdedip angle for the desired trgectory. Additionaly
rotationa rates and angular accelerations could be input for the three axes. The output
control surface deflections and engine setting could be sent directly to the aircraft bus
controller. Also the angle of attack, Sdedip, and bank angle could be compared to the

arcraft measurements to monitor the aircraft trgjectory.
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APPENDIX A: SAMPLE CALCULATIONS

Introduction
This gppendix includes sample cdculations to support the equations developed in
the inner- and outer-loop equations. The numbersin parenthesis correspond to the

equation number in the main text of the document.

F Ya ¥4

- c.g. Y

nmg cosy Y

Figure 48. Force Definitions

Outer-Loop Calculations

The outer-loop equations were redefined in Chapter 2. The derivations for the
equations follow. Firg the forces from Figure 48 were summed in dl three axes
4&F =T-D-nmgsng=ma=m ¥

Xw

p vel-D. ngsn & (Eqn. 5)
m

é'FZW :'LCOSfV—Fysan+nmgCOSg:maz:m(_V&)
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Lcosf  +F gnf
ES v T v M sy
mv V

4F, =Fcosf,-Lsnf,=ma, =m(V cosg K)

-Lanf, +F cosf,
mVcosa

b H<

The following forces were defined in Chapter 2

_ V2
= — (Cpga+Cpy)

T=mgm

The defined forces were subgtituted into equations (5) through (7)
qv? -

V< gme #(C%a +Cy, ) ngsn a

(o]

S :
2 gtcyb bcosf, - dnf C, (a +aOL)
fs 2

mv 2 V cosg

Simplifying assumptions were then made for each trim condition.
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Trim Conditions, 2, 3,and 4.

Trim condition: &= ¥<= <= 0° (b independent)

qv’ é u ,
0= d > - é—C, bcosf, -dnf C, (a+a0L)Q (from Frequation)
VZ &, i
ant, =tanf, = —%
cosf, C.la+a,
_tanf,C_la+a, )
St
g Yb
qviee S .
0= d > gcosfvcLa (a+aO )+S—C banf  =- rmgcosé (from @-equetion)
W ﬂ
3 S . .
%‘ = cosf ,C, (a +a,, )+ Q‘Cyb bsnf, (substituting for b)
V2
5 S tanf C, la+a, | .
M(:Sa:cosqu (a+a0 )+—‘Cy . b L)smfv
qv a L b ic
V2 S\N Yb
rmgcg)sa_C (a+ao E%OvaJ’S ’f g
qv”® ' cosf , 4
VZ
m?\fosacosf =C, (a+a Xcosf +dgn*f ) C. (a+ao)
q a L
V2
2
a= 1 ae/Ormg;:osaCOSf 0 4
C|_a ﬁV (4]
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0=gm r?;//z (CDaa+CDo)- ngsn & (from ¥<equation)
2
m= Qv > (CDaa+CDO)+ns'né (subdtituting for a)
2 €C, a/2nmg cosé o) V.
me 3 — e Ormg2 cosf - Cp.a, +Cp g+nsné
rrg\/o éCLa qv 1] )
C 2
m= —=(ncosacosf )+ v . (c, -c, a, J+nsna
CLa n-gvo o a L

2
Returning to the origina =0 equetion, dividing by G\\//_Z , and Implifying

o

snf C (a +a, ) = iCyb b cosf

W
—-C, becosf,
anf , =—X (subdtituting for a)
CLa (a+a0L)
iCyh b cosf
anf = - » N
e 1 & cosa 0 u
C,é 1 °”_ﬂgz cosf, - a, +a, (
éCLa qV a Q
C.S.q v?3
b snf, = V4 (Eqn. 8)
VeonmgS,, cosa

From the trigonometric relationship

&S, 2 f.jz
(;—Cyb b ﬁV —

cos’f, =1- sn?f, =1- $=0 —
gvonmgcosa:
e o
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— .2
2 C,Ssqvia o

b cosfy=,[1- ¢ - Eqn. 9
' gvjnmgsw cosa’ (Ean-9)
Subgtitute cosf |, into a
> - ~ 2 0
4o 1 ¢V2nmg cosa 1 ge C,Savia 0 %_
C. g qv? gvfnmgSW cosd> L
e 2
2 a Sa0 2
1 ¢ |ay o 580 +
b az—¢ é MY PWAL ¢ 7" g, (Egn. 10)
C:L 8 qV 4] 8 SW g B

e /2A 0
& C, S a o= 2
mE —2e gncosé 1- 6= Sl T aVZ(CD -CDaOL)+ns'nz§
La Q Vo mgsw cosa - rrgvo ° *
2
" -
2 &, ncosdd &, C, S av?ad
p om0 (e, - coa, o el 088 R LA R gs
TTUVO 8 C:|_é g gCLaVo”TgSW a
(Egn. 11)
Trim condition 1: &= V<= <= 0° (f , independent) (from Equation 8)
C,Sa vz
anf, = zya i Va_,
VonmgS,, cosa
Vin A .
P b=-—° mgS_W COS;asnfV (Egn. 12)
C,Sq V
From previous equations
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2 5 .6
b a= ! ae/"mfosacosfvi- a,
CLa q (4]
C 2
= m:Ci(ncosécosfv)+ v

La 0

Trim Conditions5, 6, 7,and 9.

Trim condition: &= V¥<=0°and F¥=v, (or Ht)=v 1)

qv? X
O=gm r?wvz (CDaa+CDO)- ngan a

(o]

qviee S . 0 .

0= —gcosf ,C, (a+a0 )+—tC bsnf, - nmg cosa
Vo g ! " SW T ﬂ

_qv2és : 0

mVv , cosg = vz é=—C, bcosf, -dnf C_ (a +a°L)8

From the second and third equations

S V2
cosf C, la+a, |+—C, bsdnf =—2-nmg cosa
VL, ( OL) SW Yb \ avZ

. \%
S—‘Cyb bcosf, - dnf C (a ta, ) = _\; mVv , cosg

W q
é S U
&L, N 5, CnP st oy Ve éng C
& o w U . 'g zmcosaév g
S —cC,b -C (a+a0 )lﬂésnfvu g eVVvu
& Sw H
) .
é
anf = 1 —~ _\/02 mcosdg C, (a+a )\/vY +ng—C, b
) , &S o d e W
C. (a +aOL) +§—Cybb1
Sw 2
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I_(c, -Cypa, J+nina  (Eon.14)

(from ¥<equation)

(from gequetion)

(from Frequation)
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1 . <€ (
;mcosagC, la +a
é

CLaz(a +a, )2 +

cosf

Agan, cos’f +dn*f =

S u
u

2 .2 2
1= : 1 7 88\3’2 mcosé% é(ng)ZCLaz(a +a0L)2 +§/v y SS_tCybb% +
&, *fo+a, FrEorc, b2
e w 24
+2C (a +a, )nvi%Cybb +C;L32(a+aoL )2(Vv Y)2 ?Q%cybb; 2C, (a+aoL)nngY§—\:vabbﬁ
Smplifying,
g(: 2@ +a )2+86‘ C bgzgzzaevoz mcosa-gc a+a +a§[ C bgzﬁ{(ng)2+ \4% )2}3
g " “f g, g &V p gybaﬁ "
.2 ) .2
C, *la +a, 2 e 2 BV moosas |(ng)? + (Vv ., )2
L ( ) gsw Yb Q gqu ﬂ [( ) ( Y) ]
i ”
(a +a )2 Cl - ¥aeq\<;2 mcos &+ [(ng)2 + (Vv Y)2]— ge%cyb bgy
L b
1 [ev? 02[ ] &S 6
P a=— mcosaz |(ng l-¢=2-Cc bz -a, (Ean.17)
cLaJéqu LN S
Subgtitute a into cosf
cosf , = ! > X
e 0 2
c, ¢ 1 \/ szmcosag[ ] g—‘c b— - a, +a, : S—C b—
) g qv 2 E; 2
V2 é g \/ \/ 2 ] l:l
><—mco s&C, é—mcosa— ng)” +(W C b— -a, +a, J1g+VvY tC b
e Yb Yb u
é §_ a
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which smplifiesto

cosf , = Ve m cos & x
' o 0 6 8° qVv*
g mcosa— [( +(Vv ) ] g St C, b— + —‘C bz
qv )
.2 (o} u
o) &S 0 = S X
ng sa :[(ng) (Vvy)z]-gstcyhb; -aOL+aOL%ng+VvYStCybe
qv [} w %) - w
2 g
b
é 2 .2 u
— qu 2\ 2 2 &S (0] S P
cosf, = ?n o mcosa— ng)” + (Vv -¢—C, bz +vv, =-LC, bu
mv 2 cosa(ng)’ +(Vv, ) e Jé [+ (v 7 g, 5 VS, !
(Egn. 15)
Subdtitute a intosn f
sinf, = 1 > x
e 2 2 2 0 2
CLazg 1 \/%ev mcosa—[ +(vv ) ] g—C b— -a, +ta, - +aeicwbg
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é *® 2 o) u
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1 vV,
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°-mcos az |(ng ) + (Vv -¢c—LC, bzx + =
éﬁvz ;z,[( F v, )] g5, "5 &, 7%
0 S ] 0 S o
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| v Sy BV O 0, o Sc pi
snf, = mv; cosa{ng VVY)JgV szmCOS B[(ng) () ] g_Cth +ng§Cybbﬂ
(Egn. 16)
Solving the equiation
2
n= v 2(CD a+C, )+ngs'né
rrgvo a o

b

vz &, 0 xS 0 o
= —5 gc \/g_vz mcosa,;;j [(ng)2 +(VvY)2]- gcyb bg - Cp.a, +Cy, ; ngsna

(Egn. 18)

Trim Condition 9.

Inner-loop equations were defined above. The parameters weapon depression angle,
height above the target and orbit radius were defined in Figure 10 in Chapter 3. The

equations describing the orbit parameters follow

V2
M=
t g/n?-1
f —arccoséaé—Lg

eng

h=r tan(f, +e)
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which combine to produce an equation for the height.
h = ve tanaearccos aég+ eg
g/n?-1 o

V2 1/1- n_12 +%tane
h

= 2
an 11 \/1- iztane
n n

1
2
b p=_n®-1 v° (Egn. 38)
1- 4/n%-1tane 9

To find the maximum height, Equation 34 was differentiated with respect to n snce e was

condtant

0=-(n2- 1)%ntane(1- Jn?- 1tane)+§L+ L tane? " tane
Jnt-1 o gn-1

which was amplified.

> % _ tane _(. ,y% _tane
(0~ ) b*-2)7- 75

n®-1 n®-1

(Egn. 39)

120



APPENDIX B: MATLAB® ROUTINE

This agppendix includes a copy of the Matlab® routine used for the
implementation of the open-loop modd. The control surface deflections and engine

settings were determined by varying the input parameters.

% Open- Loop Control Laws for AFIT Thesis

% Capt Gary Ml ler

% AFIT 2004

clear allclc

format compact

%

% EQUI LI BRI UM CONSTANTS

% Determned by specific flight conditions

N 12712; %\ C wei ght at equilibrium/[Ibs]

We 13500; %\ C wei ght at equilibrium/[Ibs]

S w=231. 8; % C wing area [ft"2]

b=39. 5; %N ng span of the A/C [ft.]

c_bar =9; %esti mat e% %N ng nean chord [ft.]

S t=76.5; %/ertical Tail surface area [ft"2]

rho0=0. 0023769; %5-L standard density [slug/ft~"3]

g=32. 174; %-orce of gravity [ft/s”2]

R=1718; %Jni versal gas const.[ft.|bs/slug*R]

m=W g; %vass of A/C at equilibrium/[slugs]

%

% OUTER LOOP CALCULATI ONS

% Speci fy V/ Vo, gamma and omegaO from flight conditions.

% Beta or phi_v nust al so be specified.

%% 0= 13879; Yspecified% %Equi | i brium Height [ft] hO= 13879;

hO= 15000; Y%speci fi ed% o%Equi | ibrium Height [ft]

T0=518. 69- 0. 00356616*hO0; %5-L standard tenperature [deg. R]

%W/=475; Yspeci fi ed% %N nd axes velocity [ft/s]

%/0=475; Yspeci fi ed% 9N nd axes equil. velocity [ft/s]

V=450; Yspeci fi ed% 9N nd axes velocity [ft/s]

Vo=450; Yspeci fi ed% 9N nd axes equil. velocity [ft/s]

psi _dot 0=0. 0; Yspeci fi ed% %Equilibriumturn rate [rad/s]

phi _dot 0=0. O; Yspeci fi ed% %Equil. roll angle change [rad/s]

t het a_dot 0=0. 0; Yspeci fied% %Equil . pitch angl e change [rad/s]

rho=r hoO*exp(-g*h0/ (R*TO)) ; Yensity, altitude corr. [slug/ft~"3]

gamma=0. 0; Yspeci fi ed% %Normal | i zed flight path angle [rad]
% defi ned up as positive)

g_bar=rho*(Vo"2)*S w 2; %Dynami ¢ pressure [|bs.]

C y_beta=-0.0133*180/ pi ; %5i de- Force Coeff.- sideslip [1/rad]

C _L_al pha=0. 086694* 180/ pi ; %ift coeff.-angle of attack [1/rad]
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C_L_0=0. 010544; %ero-lift lift coefficient [none]

C_Do=0. 02350; %ero-1ift drag coefficient [none]
C_D_al pha=0. 00200* 180/ pi ; %rag coeff.-angle of attack [1/rad]
flag0=1; %1 ag0=1, beta specified; else phi
% Beta specified equations

if flag0==1; beta=-0.0; % uter | oop egqns. w beta specified

phi =asi n(q_bar*((V/Vo)"2)*(C_y_beta*beta*S t*g/S w
psi _dot0*V*sqrt(...
((g"2+(psi_dot0*V)~2)*(mr((Vol V)~2)*cos(gamm)/ q_bar)"2)-...
(C_y_beta*beta*S t/S w)~2))/ (mcos(gamm)*(gr2+(psi _dot0*V)"2)));
%Rol | angl e point nmass eqn. [rad]
al pha=(sqrt((g”r2+(psi _dot0*V)"2)*(((Vo/V)"2)*nrcos(ganma)/ q_bar)"2-..
(Cy beta*S t*beta/S w)"2)-C L _0)/C_L_al pha;
%Angl e of attack pt. mass eqn. [rad]
mu=q_bar*((V/ Vo) *2)*(C_Do+C D al pha*(sqrt ((g”2+(psi_dot0*V)"2)*(mr...
((Vol/ V)"2)*cos(gamm)/ q_bar)"2-(C y beta*beta*S t/S w)"2)-...

C L_o)/C_L_al pha)/Wsi n(ganmm) ; o%Engi ne throttle setting
% Phi specified equations
el se phi =0.0; % ut er | oop egns. w phi specified

bet a=- (Vo"2)*WS_wrcos(gamm) *si n(phi)/ (C_y_beta*S t*q_bar*(V*2));
%5i desl i p angle pt. mass eqgn. [rad]
al pha=(((Vo/ V)"2)*W cos(gamma) *cos(phi)/qg_bar-C L _o0)/C_L_al pha;
%Angl e of attack pt. mass eqn. [rad]
nmu=q_bar*((V/ Vo)*2)*(C_Do-C D al pha*C _L_o/ C L_al pha)/W..
C _D_al pha*cos(gamm) *cos(phi )/ C_L_al pha+si n( ganma) ;
o%Engi ne throttle setting
end;
i f al pha>0.35; display('Angle of Attack linmt exceeded'); end;
i f mu<o0;
di spl ay(' M numum Throttl e setting exceeded, cannot maintain
equi libriunm);
end
if mu>1; display('Maxi mum Throttle setting exceeded'); end;
%
% CONVERT A/C wind axis angles to body axis angles
psi =0. 0; Y%speci fi ed% % C wi nd headi ng angl e [rad]
c_11=cos(ganmm) *cos(psi) *cos(al pha) *cos(beta) +(si n(phi)*si n(gamm)*. .
cos(psi)-cos(phi)*sin(psi))*cos(al pha)*sin(beta)-(cos(phi)*...
si n(gamma) *cos( psi ) +si n(phi)*sin(psi))*sin(al pha);

%dst row, 1st columm term matrix
c_21=cos(ganmm) *si n(psi ) *cos(al pha) *cos(beta) +(si n(phi)*si n(gamm) *. ..
si n(psi)+cos(phi)*cos(psi))*cos(al pha)*sin(beta)-(cos(phi)*...

si n(gamma) *si n(psi)-sin(phi)*cos(psi))*sin(al pha);
9@2nd row, 1st colum term matri x
c_31=
- si n(ganm) *cos( al pha) *cos(bet a) +si n(phi ) *cos(gamm) *cos(al pha) *. .
si n(beta)-cos(phi)*cos(gamm) *si n(al pha);
%8rd row, 1st columm term matrix
c_32=si n(gamm) *si n( bet a) +si n( phi ) *cos(gamm) *cos( bet a) ;
%3rd row, 2nd columm term matrix
c_33=
-si n(ganmm) *si n(al pha) *cos(bet a) +si n(phi ) *cos(gamm) *si n( al pha) *. .
si n(bet a) +cos(phi) *cos(gamm) *cos(al pha);
%3rd row, 3rd colum termmatrix
if abs(-c_31)<pi/2; theta=asin(-c_31);
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el seif (abs(sqgrt(c_1172+c_21"2))<pi) &

(abs(sqrt(c_117r2+c_2172)) >pil 2);

t het a=pi -acos(sqrt(c_1172+c_2172)); %N C pitch angle <nav. axes> [rad]

end;

if abs(c_21/sqrt(c_1172+c_2172))<pil/2

psi 1=asin(c_21/sqrt(c_11"2+c_21"2));

el seif (abs(c_11/sqrt(c_11"2+c_2172))<pi) & (abs(c_11/sqrt(c_11"2+..
c_2172))>pil 2);

psi 1=pi -acos(c_11/sqrt(c_1172+c_21"2));

i f psil>pi; psil=psil-pi; end, %Quadr ant check

end; %/ C headi ng angl e <nav. axes> [rad]

if abs(c_32/sqrt(c_1172+c_2172))<pil 2;

phi 1=asi n(c_32/sqrt(c_11"2+c_21"2));

el seif (abs(c_33/sqrt(c_11"2+c_2172))<pi) & (abs(c_33/sqrt(c_11"2+..
c_21"2))>pil 2);

phi 1=pi -acos(c_33/sqrt(c_1172+c_21"2));

i f phi1l>pi; phil=phil-pi; end; %uadr ant check

end; %\ C roll angle <nav. axes> [rad]
%

flagl=1, %Define Rotation Axis

if flagl==1, %1>Yaw, =2>Pitch; =3>Roll

%  CALCULATE ROTATI ON RATES FROM EULER ANGLES ( STEADY TURN)

P=- psi _dot 0*si n(theta); %Equi librium Roll Rate [rad/s]
Q=psi _dot 0*si n(phi 1) *cos(t heta); o%Equi libriumPitch Rate [rad/s]
R=psi _dot 0*cos(phi 1) *cos(t heta); oEqui librium Roll Rate [rad/s]

el seif flagl==2;
%  CALCULATE ROTATI ON RATES FROM EULER ANGLES ( PI TCH OVER)

P=0; %Equi librium Roll Rate [rad/s]
Q=t het a_dot 0*cos( phi 1) ; 9%Equi libriumPitch Rate [rad/s]
R=-t het a_dot 0*si n( phi 1) ; 9%Equi librium Roll Rate [rad/s]
el se

%  CALCULATE ROTATI ON RATES FROM EULER ANGLES ( STEADY ROLL)

P=phi _dot 0; oEqui librium Roll Rate [rad/s]
Q=0; ouEqui libriumPitch Rate [rad/s]
R=0; oEqui librium Roll Rate [rad/s]
end;

%  EQUI LI BRI UM CONSTANTS
% Al RCRAFT MOMENTS OF | NERTI A

| _xx= 20000; %vbm of Inertia x-axes [slug*ft."2]
I _yy= 22900; ovbom of Inertia y-axes [slug*ft."2]
| _zz= 40000; %vom of lnertia z-axes [slug*ft."2]
| _xz= 1980; %rod. of Inertia x/z [slug*ft."2]
% Al RCRAFT STABI LI TY DERI VATI VES

C y_delr= 0.002483*180/ pi ; %5i de- Force Coeff.-rud. def. [1/rad]
C y_dela= -0.00107*180/ pi ; %5i de- Force Coeff.-ail. def. [1/rad]
C | _beta= -0.00165*180/ pi ; %Rol 1 Mom Coeff.- sideslip [1/rad]
C | _dela= -0.00138*180/ pi ; %R0l 1 Mom Coeff.- ail. def. [1/rad]
C_| _del r= 0.000346* 180/ pi ; %R0l 1 Mom Coeff.- rud. def. [1/rad]
C | _p= -0.44634*180/ pi ; %ol 1 Mom Coeff.- Roll Rate [s/rad]

y
y
I
I
I
I
> | _r= 0.387836*180/ pi ; %ol |l Mom Coeff.- Yaw Rate [s/rad]
> n_beta= 0.001449*180/ pi ; %raw Mom Coeff.- sideslip [1/rad]
n
n
n
n

> n_del a= -0.00002*180/ pi ; %raw Mom Coeff.- ail. def. [1/rad]
_delr= -0.0009*180/ pi ; %raw Mom Coeff.- rud. def. [1/rad]

_p= -0.06415*180/ pi ; %raw Mom Coeff.- Roll Rate [s/rad]

_r=-0.11635*180/ pi ; %raw Mom Coeff.- Yaw Rate [s/rad]

IOOIOOOO
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. 149213* 180/ pi ; %5i de- Force Coeff.-Roll Rate [s/rad]
. 827684* 180/ pi ; %5i de- Force Coeff.-Yaw Rate [s/rad]
g= (I _xz*(1_zz+l _xx-1_yy)/ (I _xx*1_zz-1_xz"2));
9%Rol | Monent Coeff. due Pitch/Roll
1 oqr= (1 _zz*(1l _yy-1_zz)-1 _xx*2)/ (| _xx*| _zz-1_xz"2);
%Rol | Morment Coeff. due Pitch/Yaw
C n_pg= (1 _xx"2-1_xx*1_yy+l _xz"2)/ (I _xx*1_zz-1_xz"2);
%raw Moment Coeff. due Pitch/Roll
Cn_gr= (1_xz*(1_yy-1 _xx-1_zz))/ (I _xx*I_zz-1_xz"2);
%raw Moment Coeff. due Pitch/Yaw

Cyp=20
Cyr=20
Cl_p
C

C_no= 0. 052925; %Equil. Pitch Monment Coeff. [none]
C_mdel e= -0.01472*180/ pi ; %itch Mom Coeff.-elev. def.[1/rad]
C mg= -15.0857*180/ pi ; uPitch Mom Coeff. due Pitch [s/rad]
CL g = 0.65200*180/pi; %ift Coeff. due Pitch[s/rad]

C L _de = 0.006337*180/ pi ; %ift Coeff. due elev. Def. [1/rad]
C mal pha = -0.01557*180/pi ; %Pitch Mom Coeff. due al pha [1/rad]
C_m al pha_dot = -0.09800*180/ pi ; o%Pitch Mom Coeff.-al pha_dot [s/rad]
Cd g = 0.08600*180/pi; %rag Coeff. due Pitch Rate [s/rad]
C mp2r2=1_xz/l_yy; %itch Mom Coeff.-Roll Rate [s/rad]
Cmpr= (l_zz-1_xx)/1_yy; % i tch Mom Coeff.- Roll/Yaw [s/rad]
c_3=l_zz/ (1 _xx*1_zz-1_xz"2); %Rol | acc. eqgn. const. [1/slug*ft~2]
c_4=l _xz/ (1 _xx*l _zz-1_xz"2); %ol | / yaw eqgns. const. [1/slug*ft~"2]
c_7=1/1 _yy; 9%Pitch acc. eqn. const.[1l/slug*ft"2]
C_8=((1_xx-1_yy)*l _xx+l _xz"2)/ (Il _xx*1_zz-1_xz"2);

%raw acc. eqn. const. [1/slug*ft~2]
c_9=l _xx/ (I _xx*I_zz-1_xz"2); %raw acc. eqn. const. [1/slug*ft~2]
% THRUST CHARACTERI STI CS
x_T=0. 1; %esti mat e% %-axis distance c.g. to thrust [ft]
y_T=3; %esti mat e% %-axis distance c.g. to thrust [ft]
z_T=0.1,; %esti mat e% % -axis distance c.g. to thrust [ft]
T_max=5000; %esti mat e% %vaxi mum conbi ned thrust [IDbs.]
al pha_T=0. 0; %esti mat e% %Engi ne thrust angle [rad]

T=mu*W %lotal engine trust [Ibs.]

if T>T_max; display(' Maximumthrust |imt exceeded' ); end;

per =0. 5; Yspeci fi ed% %Per cent age of right engine thrust
T l=per*T, %rhrust fromright engine [|bs.]

T 2=T-T_1, % hrust fromleft engine [I|bs.]

%  CONTROL SURFACE DEFLECTION LIM TS

del e_m n= -0.2618; %N\egative Elevator Def.Linmt [rad]
del e_max= 0. 2618; UPositive Elevator Def. Limt [rad]
del a_m n= -0.5236; %Negative Aileron Def. Limt [rad]
del a_nmax= 0. 5236; %Positive Aileron Def. Limt [rad]
delr_mn= -0.6109; %Negative Rudder Def. Limt [rad]
del r _max= 0. 6109; %Positive Rudder Def. Limt [rad]
% TRI M EQUATI ONS

P_dot =0. 0; Yspeci fi ed% %Rol | acceleration rate [rad/s”2]
Q_dot =0. 0; Yspeci fi ed% 9%itch acceleration rate [rad/s"2]
R dot =0. 0; Yspeci fied% %raw accel eration rate [rad/s"2]

al pha_dot =0. 0; Y%speci fi ed% %Change in angle of attack [rad/s]

%related to theta_dot>%
c_p=-P_dot+C | _pg*P*Q+C | _qr*Q*R+c_3*y T*sin(al pha_T)*(T_2-
T 1)+c_4*y T*...
cos(al pha_T)*(T_2-
T 1)+g_bar*b*(c_3*(C_| _p*P+C_ | _r*R+C_| beta*beta)+...
c_4*(C_n_p*P+C n_r*R+C_n_beta*beta));

124



%Rol | accel eration equati on constant
c_r=-R dot+C n_pg*P*Q C n_qr*Q*R+tc_9*y T*cos(al pha_T)*(T_2-
T 1)+c_4*y T*...

sin(al pha_T)*(T_2-
T 1)+qg_bar*b*(c_9*(C n_p*P+C n_r*R+C _n_beta*beta) +. ..
c_4*(C.| _p*P+C | _r*R+C_| _beta*beta));

%Rol | accel eration equation constant
den_l at=q_bar*b*((c_3*C_| dela+c_4*C n_dela)*(c_9*C n_delr+c_4*C_| _delr
). ..

-(c_3*C_| _delr+c_4*C n_delr)*(c_9*C n_del atc_4*C_| _dela));
%Denonmenat or |ateral control eqns.

dela=(c_r*(c_3*C_| _delr+c_4*C n_delr)-
c_p*(c_9*C n_delr+c_4*C_| _delr))/...

den_l at; %Ai | eron defl ection equation [rad]
delr=(c_p*(c_9*C _n_del a+c_4*C_| _del a) -
c_r*(c_3*C| _dela+c_4*C n_dela))/...

den_l at; %Rudder defl ection equation [rad]
del e=(c_7*(z_T*cos(al pha_T)+x_T*sin(al pha_T))*(T)-C_m pr*P*R-
C_mp2r2*...

(R*2-P*2)-Q dot)/ (C_m del exc_7*qg_bar*c_bar) -
(C_mo+C_m al pha*al pha+. ..

C _m al pha_dot *al pha_dot +C_m g*Q / C_m del e;

%El evat or defl ection equation [rad]
if dela<dela_mn; display('Aileron lower limt exceeded'); end;
i f del a>del a_max; display(' Aileron upper limt exceeded'); end;
if delr<delr_min; display(' Rudder lower lint exceeded'); end;

i f delr>delr_nax; display(' Rudder upper lint exceeded'); end;
if dele<dele_min; display(' Elevator lower lint exceeded); end;
i f del e>del e_max; display(' El evator upper linmt exceeded ); end,
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